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Executive Summary 

The proposed supergun could provide an excellent new opportunity to parties wishing to launch 

nano/micro-satellites into orbit. Most small payloads rideshare as an auxiliary payload and thus 

concede control of launch date and orbital trajectory. Presently, dedicated launch of small 

payloads such as through “LauncherOne” or “Pegasus” launch vehicles comes at a price premium. 

The supergun could provide independence to companies wishing to launch small scale payloads 

into space at a price competitive with larger launch systems. 

A detailed project plan with a supporting business case and financial analysis is presented. The 

project is split into three main stages; prototype conventional light gas gun (LGG) design and 

testing, operational full scale LGG and finally a LGG injected RAM accelerator. Each stage has a 

series of objectives, which are set to prove project feasibility and help secure funding. 

Initially an electrothermal light gas gun (ELGG) with further hydrogen injections throughout the 

barrel was the intended firing mechanism that would provide the projectile with the required 

muzzle velocity. It was assumed to be capable of producing a more constant acceleration than 

conventional LGGs. A Matlab model of the ELGG was made to verify this, however it revealed 

that the ELGG cannot be scaled for this application.  

Focus returned to the LGG. The model was updated to account for pressure losses due to the 

difference in the gas and projectile speed. By increasing the pre-fill pressure of the hydrogen and 

lowering the burst threshold, a “bleed” effect was achieved resulting in a lower peak pressure, 

sustained for a longer period. This resulted in the projectile experiencing an acceleration of 7000 

g and exiting the muzzle at 5.5 km/s. The supergun’s main components will be constructed from 

4140 steel, giving a safety factor of 1.4. Additionally the gun can handle in excess of 10,000 

cycles before fatigue failure would occur.  

During launch, the supergun will experience a peak recoil velocity of 14 cm/s. The LGG uses the 

recoil generated by the oscillating piston to provide soft recoil, reducing the required performance 

of the recoil system. The recoil system transfers momentum from the gun to a wheeled 10 tonne 

mass accelerating it along a track. This mass is then slowed down using a magnetic brake, 

reducing its velocity such that the mass’s kinetic energy can be safely absorbed by a buffer stop. 

The foundations and supporting structures will provide a safety factor of 5.9 and 3.0 respectively. 

The flight path model was improved to three DoF to more accurately simulate the trajectory of the 

projectile. A launch variable solver was then written to calculate the optimal launch angle, 

propellant mass and rocket ignition time given a set of launch conditions and target orbital 
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parameters. This was used to assess the viability of the design options, giving the project team the 

information required to make informed decisions on project decisions. The final parameters 

chosen were a launch angle of 26.7° firing a 150 kg dry mass and 185 kg of propellant. Liquid 

H2/O2 was chosen as the rocket propellant for the high specific impulse of 455 seconds. 

The simulator was also used to assess the methods deorbiting of the projectile. This indicated that 

the projectile would experience sufficient atmospheric drag to bring it out of orbit within the 25 

year requirement.  

The projectile was designed to be similar to the final stage of a conventional rocket launcher. 

Sensors provide orientation and location data to a state feedback controller which controls the 

thrust level duration and amplitude of the thrusters in response to disturbances. 

 A Thermal Protection System was designed in order to protect the payload and internal structure 

of the projectile. CFD analysis was performed in order to predict temperatures in the highest 

temperature regime of launch and suitable materials were selected. These included common 

materials such as an ablative heat shield and a state of the art self-transpiring hot skin. The 

payload is ejected in the radial direction from the projectile. To avoid setting the payload in an 

eccentric orbit the projectile will rotate 90º before ejection of the projectile. 

Initially the LGG based orbital launch system seemed to be a promising proposal. However the G-

forces that 7000 g would lead to unsurmountable challenges in the projectile design. To reduce 

the acceleration either the muzzle velocity or the projectile mass would have to be decreased. The 

LGG would no longer be capable of meeting the project objectives with these alterations. 

Therefore it is proposed that the LGG should be redesigned as an injection system for a ram 

accelerator with the G-force limited to 1500 G. 

The final aim of the project would be to design an operational LGG injected RAM accelerator, 

capable of performing two launches per day, two hundred times a year at cost of £1600 per kg of 

payload. The project requires an investment of £2.4 billion in the first 5 years, taking 18 years to 

break even and would produce a total profit of £5.4 billion over 32 years, with an internal rate of 

return of 7.25%. Government investment in this project would provide a relatively cheap route for 

parties to launch small payloads to space, encouraging growth in the space sector.



 

iii 

Contents 

Nomenclature ................................................................................................................. viii 

List of Symbols .................................................................................................................. ix 

List of Acronyms ................................................................................................................ x 

Design Specifications ........................................................................................................ xi 

1 Introduction ................................................................................................................ 1 

1.1 Objective and Scope ....................................................................................................... 1 

1.2 Project Background ........................................................................................................ 2 

1.3 Idea Selection .................................................................................................................. 3 

1.4 Alterations from inception report ................................................................................. 3 

2 Project Plan ................................................................................................................. 4 

2.1 Stage 1: Prototype LGG Design and Testing ............................................................... 4 

2.2 Stage 2: Supergun Fired Rocket-Boosted Projectile into Orbit ................................. 5 

2.3 Stage 3: LGG Injected RAM Accelerator with Projectile Recovery ......................... 6 

2.4 Project Plan Summary ................................................................................................... 7 

3 Project Financials and Business Case ....................................................................... 8 

4 Sustainability ............................................................................................................. 14 

4.1 Threat to the Landscape .............................................................................................. 14 

4.2 Emissions ....................................................................................................................... 14 

4.3 Reusable Components .................................................................................................. 14 

4.4 Noise ............................................................................................................................... 15 

5 Project Management ................................................................................................ 16 

6 Electrothermal Light Gas Gun ................................................................................ 18 

6.1 Assumption and Equations for ELGG ....................................................................... 19 



 

iv 

6.2 Gun Model ..................................................................................................................... 19 

7 Two-Stage Light Gas Gun ....................................................................................... 23 

7.1 Breech Propellant ......................................................................................................... 23 

7.2 General Gun Design ..................................................................................................... 25 

7.3 Gun Tube Design .......................................................................................................... 33 

7.4 Piston Control ............................................................................................................... 36 

7.5 Experimental Testing ................................................................................................... 36 

7.6 Muzzle Devices .............................................................................................................. 37 

7.7 Vacuum System ............................................................................................................ 39 

7.8 Rupture Disks ............................................................................................................... 40 

7.9 Rupture Disk Sizing ..................................................................................................... 43 

7.10 Lubrication .................................................................................................................... 44 

7.11 Purpose of Sabot ........................................................................................................... 44 

8 Recoil System ............................................................................................................ 51 

8.1 Design Concept 1: Cantilever Springs with Passive Hydraulic Damper ................. 51 

8.2 Design Concept 2: MR Fluid Damper System ........................................................... 52 

8.3 Design Concept 3: Magnetic Brake ............................................................................. 53 

8.4 Magnetic Brake Design ................................................................................................ 57 

9 Location and Transport Logistics ........................................................................... 60 

9.1 Launch Site.................................................................................................................... 60 

9.2 Transport....................................................................................................................... 60 

10 Foundation Design and Barrel Support .............................................................. 63 

10.1 Excavation and Pile Insertion ...................................................................................... 63 

10.2 Foundation Bearing Capacity ..................................................................................... 64 

10.3 Summary of Proposed Foundation Dimensions ........................................................ 67 



 

v 

11 Modelling and Simulation of Space Launch Vehicle Dynamics ....................... 70 

11.1 Frames and Coordinate Systems ................................................................................. 70 

11.2 Coordinate Transformations ....................................................................................... 72 

11.3 Three Degrees of Freedom Simulation ....................................................................... 74 

11.4 Simulation of Project HARP Projectile Flight ........................................................... 79 

11.5 Simulation of a Supergun Launched Rocket Boosted Projectiles Flight Path into 

Orbit 82 

12 Orbital Simulation after Payload Release .......................................................... 86 

13 Optimisation of the Launch and Flight Parameters .......................................... 88 

13.1 Trajectory ...................................................................................................................... 88 

13.2 Process Diagram of Launch Variable Solver ............................................................. 88 

13.3 Analysis of 3DoF Simulator Results............................................................................ 90 

14 Rocket System Design ........................................................................................... 94 

14.1 Rocket System Requirements ...................................................................................... 94 

14.2 Rocket Propellant Considerations .............................................................................. 94 

14.3 Specific Impulse ............................................................................................................ 94 

14.4 G-Force Peak ................................................................................................................ 95 

14.5 Thermodynamics of Rocket Engine ............................................................................ 97 

14.6 Fuel tanks ...................................................................................................................... 98 

14.7 Fluid Flow.................................................................................................................... 101 

14.8 Nozzle design ............................................................................................................... 101 

15 Deorbiting of Projectile ...................................................................................... 102 

16 Orbital Injection and Control System ............................................................... 103 

16.1 Attitude Determination .............................................................................................. 103 

16.2 Actuators ..................................................................................................................... 106 



 

vi 

16.3 State Feedback Controller Design for Pitch ............................................................. 109 

16.4 Test of State Feedback Controller for Pitch ............................................................ 112 

17 Throttle Rate Control System ............................................................................ 114 

17.1 Regulated Sytem vs. Blow Out System ..................................................................... 114 

17.2 Solenoid Valves ........................................................................................................... 115 

17.3 Sensors ......................................................................................................................... 115 

17.4 Regulators ................................................................................................................... 117 

17.5 Throttle Control Setup ............................................................................................... 119 

18 Aerodynamic Control and Stability .................................................................. 120 

18.1 Flight Control Surfaces .............................................................................................. 120 

18.2 Manoeuvre Options .................................................................................................... 122 

18.3 Fixed Tail Fins ............................................................................................................ 122 

18.4 Design Decision ........................................................................................................... 123 

18.5 Tail Area Sizing .......................................................................................................... 123 

18.6 Sizing Iterations .......................................................................................................... 124 

18.7 Surface Planform ........................................................................................................ 125 

18.8 Finalised Fin Dimensions ........................................................................................... 126 

19 Payload release .................................................................................................... 127 

19.1 Rotation for satellite deployment .............................................................................. 127 

20 Projectile Communication Systems ................................................................... 128 

20.1 Telemetry RF System ................................................................................................. 129 

21 Electronic Systems .............................................................................................. 133 

21.1 Electronics System Overview .................................................................................... 133 

21.2 High-G-Acceleration effects on The Electronics and Solar Panels ........................ 134 

21.3 Emergency Landing for Mid-flight Abortion .......................................................... 135 



 

vii 

22 Nose Cone Geometry & Drag Calculations ...................................................... 136 

22.1 Minimum Drag Solution ............................................................................................ 136 

22.2 Drag Coefficient Calculations.................................................................................... 137 

23 Thermal Protection System ................................................................................ 139 

23.1 Computational Fluid Dynamics ................................................................................ 139 

23.2 Material Selection - Nose and Tail Fins .................................................................... 144 

23.3 Material Selection - Body ........................................................................................... 144 

24 Internal Structure ............................................................................................... 147 

24.1 Design Considerations ................................................................................................ 147 

24.2 Material Options ......................................................................................................... 147 

24.3 Transient Dynamic Analysis ...................................................................................... 149 

25 Ram Accelerator ................................................................................................. 151 

25.1 Advantages of a Ram Accelerator ............................................................................. 151 

25.2 Disadvantages of a Ram Accelerator ........................................................................ 152 

25.3 Why the Ram Accelerator was Dismissed ................................................................ 152 

26 Risk Assessment .................................................................................................. 154 

27 Project Conclusion .............................................................................................. 157 

References ....................................................................................................................... 159 

Appendices ........................................................................................................................ Ai 

A. Cartesian Equations of Motion Derivation .................................................................... Ai 

B. Relationship between ECI and ECEF velocities ........................................................... Aii 

C. QPSK Bit Error Rates .................................................................................................... Aiii 

D. Telemetry Transmitter and Receiver Systems ............................................................. Aiv 

E. Electronics System Block Diagram ................................................................................ Av 

F. Recoil variables ............................................................................................................... Avi 



 

viii 

 

Nomenclature 

𝑎𝐵
𝐴  acceleration of point A with respect to frame B 

𝐷𝐴(∗)  rotational derivative of a vector ∗ with respect to frame A 

𝑑(∗)

𝑑𝑡
  ordinary time derivative 

𝑚𝐵  mass of body B 

𝑠𝐵𝐴  displacement vector of point B with respect to point A 

[∗]𝐴  vector ∗ expressed in the A coordinate system 

�̅�𝐴𝐵, [∗̅]𝐴  transposed vector or matrix ∗ 

𝑇𝐵𝐴  kinetic energy of body B with respect to frame A 

𝑣𝐵
𝐴  velocity vector of point B with respect to frame A 

𝜔𝐵𝐴  angular velocity vector of frame B with respect to frame A 
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Design Specifications 

Mass Breakdown: 

Payload mass 4 kg 

Launch mass - Simulated (Calculated) 340 (540) kg 

Sabot - Simulated (Calculated) 60 (200) kg 

Wet mass 340 kg 

Propellent 190 kg 

Dry mass - Simulated (Calculated) 150 (280) kg 

Rocket engine systems 20 kg 

Propellant tanks 60 kg 

Projectile structure - Simulated 

(Calculated) 70 (200) kg 

Launch Parameters: 

Launch angle (from horizontal) 26.7 degrees 

Heading angle (from North) -30 degrees 

V muzzle 5500 m/s 

Launch Altitude 4500 metres 

Free flight time from gun 400 seconds 

Rocket burn time 100 seconds 

Satellite release time after launch 520 seconds 

Supergun Design Parameters: 

Barrel length 500 m 

Compression chamber length 360 m 

Barrel thickness  m 

Compression chamber thickness m 

Bore 1 m 

Propellant / system for gun Hydrogen / LGG  

Supergun peak acceleration 7000 g 
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Control Parameters: 

Control thrusters 

12 x inert gas 

thrusters  

Recoil and Foundation Parameters: 

Foundation safety factor (SF) 3  

Projectile Design Parameters:  

Projectile diameter 0.6 m 

Projecitle length (assumed) 9.5 m 

Nose cone profile 0.6 power series  

Nose cone max temperature K 

Drag coefficient 0.0162  

Nose cone frontal area 0.2827 m^2 m² 

Rocket Booster Parameters: 

Number of rocket stages 1 stage  

Propellant for rocket 

Liquid hydrogen & 

oxygen  

Specific impulse 455 seconds 

Project Financials: 

Total Project Cost 7975 £M 

Stage 1 (Initial testing, altitude record) 30 £M 

Stage 2 (launch a projectile to orbit altitude) 706 £M 

Stage 3 (commercial launch) 7239 £M 

Internal Rate of Return 7.25 % 

Breakeven Time 18 years 

Net Present Value (Discount rate 12.5%) -691.2 £M 
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1 Introduction  

1.1 Objective and Scope  

The principle aim of this project is to investigate the supergun as an alternative method for space 

launch. This will provide a direct route into space for nano/micro satellites, which are currently 

carried as an auxiliary payload in rocket launch systems. Therefore if the design of the larger main 

payload is delayed the launch date will be put back which is inconvenient. Also the orbit type and 

altitude are selected for the main payload meaning the auxiliary payloads orbit is restricted. A 

project plan has been developed that breaks the supergun development into separate phases for the 

supergun testing concept before building a full scale gun. A business case is presented and the 

supergun financials are compared to new state of the art launch systems. Simulations in Matlab to 

analyse the ballistics of a supergun for projectiles with different wet mass and diameter to identify 

a suitable selection. The gun design is optimised to achieve the target muzzle velocity with an 

acceptable G-force for the chosen payload mass. A separate simulation analyses the flight path of 

the projectile carrying the payload through the earth’s atmosphere and the launch parameters are 

optimised using a launch variable solver. Finally, a detailed supergun design is proposed with a 

rocket-propelled projectile capable of launching a lightweight payload into orbit. The project aims 

are summarised as follows: 

1) Research previous superguns and the latest advancements in gun technology. 

2) Develop a supergun model in Matlab. 

3) Develop a model in Matlab to simulate the flight of the projectile into space. 

4) Set the payload mass range and orbit altitude range. 

5) Identify suitable rocket booster capable and set the wet mass range. 

6) Calculate the supergun dimensions to achieve the target muzzle velocity. 

7) Find a suitable launch location for the supergun. 

8) Design a recoil mechanism for the supergun. 

9) Critical analysis of the project’s financial viability. 

Deliverables: 

 Supergun ballistics simulator in Matlab 

 Simulator of projectile’s flight through Earth’s atmosphere into space in Matlab 

 A detailed design proposal for a supergun and the projectile propulsion systems for 

launching a payload into space 

 Final project report and group oral presentation including a poster display 
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The project also has a stretch goal, provided all primary deliverables have been completed. This 

goal is to submit an article containing an overview of the final supergun proposal to a 

science/technology magazine, and have it published. 

1.2 Project Background 

The first attempt at building a supergun was the High Altitude Research Program (HARP), a joint 

venture between the United States and Canada. The basis of this project was an initially 

unmodified 16-inch artillery gun situated in Barbados. The gun was tested in 1963 and was 

capable of firing a 143 kg projectile to an altitude of 3 km, with a muzzle velocity of 1 km/s 

(Graf, 2014). 

Following this success, further tests were conducted and a new test site at Yuma Proving Ground 

was acquired with an identical 16-inch gun. The 16-inch guns were later modified by extending 

the length of the barrel by 51 feet, modifications were made to the sabot and powder, and the bore 

was evacuated. In 1966, the culmination of this project was a modified 16-inch gun launching the 

84 kg (Encyclopedia Astronautica, 2014) Martlet 2C projectile to a world record altitude of 180 

km from a test site in Yuma, Arizona (Graf, 2014).  

The next large scale attempt at building a supergun was Project Babylon. Project Babylon 

produced four designs: Baby Babylon, Big Babylon and two other variants that were never 

constructed. Baby Babylon had a 46 m barrel with a 35 cm bore that was intended to be aimed 

vertically; following initial testing it was mounted at 45 degrees on a hillside. The estimated range 

of this gun was 750 km; it was intended as an artillery weapon and was not capable of launching 

projectiles into space (Oddly Historical, 2014). 

Big Babylon was considerably larger and had a 152 m barrel with a 1 m bore. Big Babylon was 

intended to launch small satellites into space, however the project collapsed before it was ever 

fired (Oddly Historical, 2014). 

Another project with the aim of launching a projectile into space was the Super High Altitude 

Research Project (SHARP). This utilised a light gas gun developed by Lawrence Livermore 

Laboratory, California. The L shaped gun comprised of an 82 m pump tube with a 36 cm bore and 

a 47 m gun barrel with a 10 cm bore. It was hypothesized that if a muzzle velocity of 7 km/s could 

be achieved, it would be possible to achieve orbit with a single stage rocket (Encyclopedia 

Astronautica, 2014). 

SHARP became operational in 1992 and was capable of firing 5 kg projectiles at a velocity of 3 

km/s. After this initial success, it was intended to elevate the barrel and begin space launch tests 
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of smaller projectiles at velocities of around 7 km/s; SHARP did not receive the required funding 

to make this possible (Encyclopedia Astronautica, 2014). 

After the cancellation of SHARP John Harper the lead developer went on to found the Jules 

Verne Launcher Company in 1996 and the Quicklaunch company. Quicklaunch swapped the 

piston used in SHARP for a combustor that burn natural gas. The “Quicklauncher” would be 

operated in the ocean and it would send a half-ton payload into the sky at 5.8 km/s with a peak 

acceleration of 5000 G. The company was seeking $500 million to produce a full-size launcher in 

seven years.  

1.3 Idea Selection  

The purpose of a supergun is to provide sufficient energy to a projectile so that it will pass 

through the initial dense layers of atmosphere, replacing the need for the initial stages of 

conventional launch systems. This was the main aim of all the developed concepts.  

To generate concepts for a launch system, mind mapping sessions where conducted. In these 

sessions all potential solutions were considered, no matter how impractical or flawed they may 

have seemed. These sessions yielded ideas ranging from current concepts such as a light gas gun, 

to less conventional ideas like a plane based sling shot. The concepts generated in these session 

provided insight into areas of research, this in turn helped to assess the feasibility and strength of 

each different concept and lead to the development of a feasible design. 

1.4 Alterations from inception report  

Work conducted since the inception report has resulted in significant change in the design and 

targets of the supergun. Models constructed at an early stage showed that an injection system was 

not a suitable launch mechanism (explained in Section 6), leading to the design reverting back to 

a LGG.  

Projectile mass considerations resulted in several factors being changed from the inception report. 

The projectile’s propellant type was changed from hybrid to liquid bipropellant, increasing the 

specific impulse and decreasing the mass fuel ratio. To further decrease the mass of the projectile 

the target payload was decreased from 10-50 kg to 4 kg. The target orbit was also lowered from 

700 km to 400 km as less fuel is required and imagery satellites used at this orbit corresponded 

with the new payload target.     

Originally, it was planned that the gun foundation loading would be modelled dynamically. It was 

later decided that it would be more accurate to have a static model. This is because the equations 

used in the dynamic loading of foundations are purely empirical, and may not necessarily be valid 
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for the input force experienced when gun is fired. This particularly significant since there is little 

record of dynamic foundation modelling being widely used in geotechnical engineering.  

2 Project Plan  

Project Aether will be executed in three distinct phases. During each phase, a set of performance 

targets and research objectives regarding the gun and projectile will be implemented. Over the 

course of the three stages, four different guns will be designed and built. Firstly, two prototype 

LGGs will be assembled as a proof of concept, and shall surpass the altitude record for a 

projectile fired from a supergun. In the second stage, a larger scaled version of this LGG will be 

built to launch the first supergun fired rocket-boosted projectile into orbit. Finally, in stage 3, a 

LGG injected RAM accelerator will be designed and built to fire a heavier mass projectile up to 

the target muzzle velocity and as before a rocket boosted projectile will boost it to the required 

orbital velocity.  

It is important that the project is broken down into these smaller phases in case any complex 

design problems are encountered which could impact on later stages. Identifying these potential 

issues early would allow them to be solved before the large, fully scale, supergun was built. Over 

the course of this section, each stage will be broken down into further detail, the targets and 

proposed research are discussed and then finally the key figures and parameters are summarised. 

2.1 Stage 1: Prototype LGG Design and Testing 

The first stage of the project will require two prototype LGGs to be designed and built. The first 

of these will primarily be used to compare the guns behaviour with the existing model. Once the 

model has been adjusted to accurately predict the muzzle velocity, G-force and recoil force of the 

LGG, it can be scaled for a larger projectile mass and muzzle velocity. The second stage supergun 

design can then be finalised and construction can commence. Several pieces of research will also 

be carried out into the proposed recoil mechanism and pre-fill pressure. The LGG parameters for 

the design are shown in Table 2.1. This shall be housed in a warehouse in the United States where 

it will be fired horizontally with a target plate to stop the projectile.  

Table 2.1 LGG parameters for the first prototype design. 

Barrel Length 0.7 m 

G-force ~7000 g 

Muzzle Velocity 3-5 km/s 

Projectile Mass 10 grams 

A second prototype LGG will then be built after the initial testing has been completed and the 

recoil mechanism and pre-fill pressure have been verified. This will be a larger design which will 
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fire a projectile at a near vertical launch angle. The LGG will be built at Yuma Proving Ground so 

that the projectile can be recovered for re-use. The gun parameters are listed in Table 2.2 and a set 

of objectives for the first stage are also listed. 

Table 2.2 LGG parameters for the second prototype design. 

Barrel Length 60 m 

G-force ~7000 g 

Muzzle Velocity 5.5 km/s 

Projectile Mass 80 kg 

Aims and objectives: 

 Demonstrate consistency between the computer-modelled behaviour and actual behaviour 

of the LGG. 

 Verify the piston acts as a soft recoil mechanism. 

 Investigate whether an increase in pre-fill pressure will act to reduce the peak acceleration 

of the projectile by spreading the pressure over a longer period of time. 

 Verify the scalability of a LGG by comparing the scaled computer model to the 

performance of the second prototype. 

 Surpass project HARP’s altitude record of 180 km for a supergun fired projectile. 

 Investigate fatigue in both the compression chamber and gun barrel through repeated 

firings of the LGG, and perform a failure analysis to facilitate lifetime estimates for the 

larger superguns. 

 Perform launch testing on solar panels and other fragile components that would have to 

survive the supergun launch 

2.2 Stage 2: Supergun Fired Rocket-Boosted Projectile into Orbit 

The second stage of the project shall involve the design and build of a full-scale supergun capable 

of firing a rocket-boosted projectile into orbit. The parameters of the gun and the projectile are 

summarised in Table 2.3 and a lightweight payload, ~4 kg, shall be carried. The LGG will be 

designed near the summit of Mount Chimborazo in Ecuador. The technical design of the supergun 

and projectile for this stage is the main focus of the technical work presented in this report. 
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Table 2.3 LGG parameters for the LGG supergun design. 

Barrel Length 300 m 

G-force ~7000 g 

Muzzle Velocity 5.5 km/s 

Projectile Mass 340 kg 

Aims and objectives: 

 Demonstrate that the computer modelled behaviour of the LGG including the G-force, 

muzzle velocity, internal pressures and stresses are consistent with data recorded from 

trial firings. 

 Test fire rocket-boosted projectiles from the LGG to check that they are fully functional 

to their specification after a high G launch. 

 Analyse the flight path of a supergun fired projectile and compare to computer models. 

 Place the first supergun fired projectile into orbit. 

2.3 Stage 3: LGG Injected RAM Accelerator with Projectile Recovery 

The final stage of the project will be to design a new LGG injected RAM accelerator (Table 2.4). 

Increasing the projectile mass to carry a heavier payload linearly increases the required mass of 

propellant and therefore the projectile’s structure size and mass also significantly increase. The 

ability to scale a LGG makes firing larger projectile masses impractical because of the G-force 

acting on the projectile at launch, as discussed in more detail later in the report. A RAM 

accelerator is more scalable than a LGG as the acceleration is relatively constant along the barrel 

and hence, much higher velocities are possible by scaling the barrel length. The constant 

acceleration along the barrel minimises the G-forces acting on the projectile without 

compromising the muzzle velocity. The mass of the projectile’s structure as a percentage of the 

dry mass can also be reduced due to the lower G-forces and hence, heavier payloads can be 

carried. This stage would need breaking down to include more development stages where a 

smaller prototype RAM accelerator will be designed, modelled and built to test the concept. A 

further development to be researched and designed is a projectile recovery system. This would 

significantly reduce the cost of each launch. The liquid propellant rocket engine is fully refuelable 

and all of the on-board systems could also be reused. Using this technology, a significantly better 

dry mass to wet mass ratio can be achieved and an excellent price per kg of payload could be 

offered to any potential customers.  
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Table 2.4 LGG parameters for the LGG injected RAM accelerator supergun design. 

Barrel Length 800 m 

G-force 1500 g 

Muzzle Velocity 6-8 km/s 

Projectile Mass 2000 kg 

Payload 300 kg 

Aims and objectives: 

 Develop and test a RAM accelerator to verify acceleration profile in the barrel 

 Verify the LGG injecting the projectile to the RAM accelerator can accelerate a 2000 kg 

projectile to 1-2 km/s velocity without the G-forces exceeding 1500 g 

 Test the fatigue and failure conditions of the RAM accelerator 

 Fire a 100kg payload and then a 300kg payload on a rocket-boosted projectile into orbit 

 Develop a projectile recovery mechanism and hence recover and reuse a projectile 

 Commercial launch and profitability of the orbital launch system 

2.4 Project Plan Summary 

The breakdown of the main phases in the project have been presented and discussed. A summary 

of the payload mass, time scale from design to operation and cost of each stage is shown in Table 

2.5.  

Table 2.5 A summary of the key figures and parameters for each project phase. 

 Stage 1 Stage 2 Stage 3 

Payload Mass N/A 0.5 kg 4 kg 300 kg 

Time scale 2 year 3 year 7 years 8 years 

Total Cost £3 million £30 million £700 million £1.3 billion 

To summarise the project plan, initially a LGG will be developed to prove it is possible to fire a 

rocket-boosted projectile into orbit using a supergun. LGGs are a well-developed technology 

which could provide a good proof of concept for a small payload. However, the technical work 

covered in this report has concluded this technology cannot be scaled to launch a heavy payload 

on its own. Therefore a LGG will be used as a first stage to accelerate a projected into a RAM 

accelerator, which will further increase the projectile velocity to the target muzzle velocity. This 

will not increase the acceleration to impractical values. Hence, the structure mass is a smaller 

percentage of the projectile’s wet mass. Therefore, for a given wet mass, a larger payload can be 

carried compared to the LGG and therefore it presents a much more efficient route to orbit. 
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3 Project Financials and Business Case  

The demand for micro-satellite launches is expected to rise in the near future, opening new 

opportunities for the commercial orbital launch systems. According to Spaceworks Enterprises 

(2014), Spaceworks Satellite Launch Demand Database predicts that satellite launches, with mass 

1-50 kg, will increase from 92 in 2013 to between 410 and 543 in 2020. Were there better options 

for orbital launch of payloads, this number could potentially be significantly higher. 

The current options for parties wishing to launch small payloads into orbit are expensive or 

restrictive and unreliable. Current orbital launch systems specialised for microsatellites are 

expensive and ridesharing with larger payloads takes away the control of the launch and gives it 

to the owner of the main payload. Smaller payloads ‘ridesharing’ with larger payloads are often 

subject to unwanted delays or cancellation if the main payload is not able to launch on schedule or 

an increase in the main payload means that the orbital launch system can no longer carry both 

payloads. Parties wishing to launch smaller payloads by ridesharing are also limited in when they 

can launch as the orbit must be similar to that of the main payload.  

 

Figure 3.1 Microsatellites (10 - 200 kg) and nanosatellites (1 - 10 kg) launched by Vehicle, 2003-2012, (Federal Aviation Association 

2014). 

From the above charts, it is clear to see that despite the drawbacks of ridesharing, the vast 

majority of micro and nanosatellites launched between 2003 and 2012 were launched on large 

orbital launch systems as secondary payloads. Of the relatively small launch vehicles, the air-

launched Pegasus Space Launch Vehicle (PSLV) was the most used for micro and nanosatellites. 

Another air launch to orbit system which is currently in development is Virgin Galactic’s 

‘LauncherOne’, expected to begin launches in 2016. These air-launched systems offer excellent 

flexibility to launch at any time to any orbital inclination. However, they are expensive in terms of 

price per kg to orbit. The Pegasus is capable of launching up to 375 kg to LEO. In 1994, this was 

done at a cost of $16M adjusted for inflation, giving a price of $43 000/kg. The LauncherOne will 
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be able to carry 225 kg to LEO for a cost of ‘below $10M’ according Foust (2010), giving a price 

of $44 000/kg. These prices stand in contrast to large orbital launch systems such as SpaceX’s 

falcon rockets. According to SpaceX (2014), the Falcon 9 v1.1 is capable of carrying 13 150 kg to 

LEO at a reported cost of $4 600/kg and the Falcon Heavy, expected to launch commercially in 

2017 is expected to be capable of carrying 53 000 kg to LEO at a claimed cost of $1 600/kg. The 

Russian Dnepr launch systems, based on missile technology have been a very popular choice for 

reasonably small payloads. At a cost of approximately $2900 per kg for a payload of 4100 kg to 

LEO, they provide good value for a relatively small payload (Federal Aviation Administration 

2010). However, for microsatellites, multiple satellites are often still launched together, leading to 

the previously stated interdependence problems. Currently, the flexibility of having the primary 

payload on a smaller launch system comes at a very high price premium. This opens up a 

potential market for a new innovative orbital launch system designed to launch small satellites as 

primary payloads at a significantly reduced cost. 

 

Figure 3.2 Cost per kg for various launch systems. 

Based on the project plan, the financial outlook for the project has been assessed. Considering the 

high risk of project failure, a discount rate of 12.5% was used.  Various costs associated with each 

stage of the project have been estimated and used to produce a case for the financial validity of 

the supergun. 
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Table 3.1 Cost breakdown of project. 

   

Design and 

Development 

Initial 

Build 

Per 

year 

Per 

Launch 
S

m
a

ll
 s

ca
le

 t
ri

a
l 

Site 

Control centre & site   0.15  

Gun 0.5 2   

Wages   0.25  

Projectile 
Sabot    0.0005 

Projectile    0.0005 

Total 0.5 2 0.4 0.001 

M
ed

iu
m

 s
ca

le
 t

ri
a
l 

Station 

Gun barrel 0.5 2 0.1  

Firing mechanism 4 10 0.1  

Foundation & recoil 0.3 2 0.1  

Control centre & site 0.2 2 1  

Wages   1  

Projectile 

Sabot 0.5   0.01 

Propellants 0.2   0.01 

Projectile 0.8   0.1 

Total 6.5 16 2.3 0.12 

F
u

ll
 s

ca
le

 t
ri

a
l 

Station 

Gun barrel 50 75 2  

Firing mechanism 100 100 1 0.05 

Foundation & recoil 50 100   

Control centre 10 5 2  

Infrastructure 5 40   

Propellants 1   0.05 

Wages   3  

Projectile 

Sabot 3   0.1 

Structure and shell 20   0.4 

Fuel systems 6   0.3 

Rocket engine 25   0.5 

Systems and 

Electronics 20   0.2 

Total 290 320 8 1.6 
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R
a

m
 A

cc
el

er
a

to
r 

Station 

Gun barrel 100 350 40  

Firing mechanism 400 150 40  

Foundation & recoil 50 50 10  

Control centre 20 30 5  

Infrastructure 10 80 5  

Wages   4  

Propellants 1   0.15 

Projectile 

Sabot 10     0.15 

Structure and shell 20 25   0.05 

Fuel systems 6 3.5   0.01 

Rocket engine 25 10   0.01 

Systems and 

Electronics 20 5   0.01 

Projectile Recovery       0.1 

Total 662 703.5 104 0.48 

 

The vast majority of the income for this project comes from launches using the light gas gun fed 

ram accelerator. The income is based on a 300 kg payload being launched for a price of £6000 per 

kg – comparable to rocket technology prices. The relative independence given to customers at a 

comparable cost will be the main incentive to choose this launch system over a conventional 

rocket-launch piggybacking approach. 

Based on the costs and income calculated, the cash flow for the project is shown in Figure 3.1. 

The project breaks even after 18 years with a total income after 21 years of £M 13 333 and total 

costs of £M 7975, giving a total profit of £M 5358. The investment required to fund the profit 

would be £M 2336, giving a return on investment of 43.6% after 32 years.  



 

12 

 

Figure 3.3 Non-discounted cash flow over project period. 

 

Figure 3.4 NPV of project for a range of discount rates. 

The actual rate of return for the project is 7.25%. Due to the high risk of the project, investment 

from the point of view of a commercial organisation, would be extremely unattractive. The net 

present value throughout the project based on a 12.5% discount rate is shown in Figure 3.3. 
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Figure 3.5 Project financials based on 12.5% discount rate (Red line – Cumulative NPV, Blue dots - NPV). 

Most income is generated in between year 12 and year 32. Due to the high discount rate of the 

project and long period of time between most of the investment and the income, this is not 

commercially viable without significant support from a non-commercial source such as a low 

interest government loan or a grant.  

The cash flow based on government grants awarded after significant checkpoints is shown in 

Figure 3.4. This is based on a government grants at the start of year 1, completion of 2nd stage 

construction (year 3) and completion of 3rd stage construction (year 6) of £M 175, £M 925, £M 

1300. 

 

Figure 3.6 Project financials based on 12.5% discount rate with project grants. 

-1400

-1200

-1000

-800

-600

-400

-200

0

200

0 5 10 15 20 25 30

C
a
sh

 £
M

Year

Cash  Flow and Cumulative Cash - Discount Rate 

12.5%

-2000

0

2000

4000

6000

8000

0 10 20 30 40

C
a

sh
 £

M

Year

Cash  Flow and Cumulative Cash - Discount Rate 12.5%

Profit

Government

Grant

Cumulative

Cash



 

14 

4 Sustainability 

4.1 Threat to the Landscape 

The gun is located on the south face of the mountain, firing in a northerly direction. As a result 

there is no threat to the Amazon rainforest, located to the east of the mountain, in the event of 

failed launch where the projectile crash lands.  The aesthetic impact of the gun was also 

considered. Chimborazo is an important landmark in Ecuador, and locating the gun too close to 

the summit would spoil the natural aesthetic of a popular tourist attraction. The loss of potential 

tourism revenue could also lead to opposition from local authorities. Keeping the physical 

condition of the mountain in mind, excavation plans were limited to those required for the 

construction of the gun foundation. 

4.2 Emissions 

The carbon footprint for gun operation is negligible due to the use of liquid hydrogen as the fuel 

for the initial charge. The only by-product of its combustion is water vapour. The same is true for 

the booster on the projectile; the rocket booster fires at a high enough altitude that the water 

vapour will not contribute to degradation of ozone in the stratosphere The use of a cable system to 

transport personnel and lighter components also minimises the use of fossil fuels, with only larger 

components such as barrel sections requiring transportation by air, which is discussed in the Gun 

Location section.  

4.3 Reusable Components 

The proposition of using a gun as an alternative to rockets is in itself a major step towards 

sustainability in the space industry. With conventional rocket launches, the first stage is usually 

lost. In this design proposal, this is replaced with a gun, which can be used for multiple launches. 

The following components will have to be replaced after each launch: 

 The compression piston. 

 Pressurised hydrogen for the various gun stages. 

 Rupture disks for the start of the 2nd stage and the.  

After use, both the rupture disk and the compression piston can be sold as scrap metal. The 

pressure vessels and pumps used to charge the various chambers can be recharged without 

disposal. It could also be argued that the water vapour from the ignition of hydrogen could be 

recycled on site to produce more hydrogen, the presence public access routes within 3 kilometres 

of the site make it more feasible to rely on supplies from nearby towns. 
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4.4 Noise 

To assess the effect of noise on the environment, the sound intensity produced at launch was 

estimated based on the hypersonic shock produced by the projectile moving through the air. The 

sound intensity level can be calculated in decibels (dB) using Equation 4.1. 

 
𝐿1 = 10 log

𝐼

𝐼0
  (4.1) 

I0 is a constant equal to 10-12 W/m2, and I represents the sound wave intensity. The intensity of the 

hypersonic pressure wave can be found using Equation 4.2 (Glenn Elert, 2015): 

 
𝐼 =

(𝑃2 − 𝑃∞)2

2𝜌𝑉∞
 (4.2) 

P2 is the shock pressure, P∞ is the atmospheric pressure, V∞ is the air speed relative to the 

projectile, and ρ is the air density, assumed to be 1.2 kg/m3. The pressure coefficient, which gives 

a ratio between static and dynamic pressures, is given by Equation 4.3 (Anderson, 2001). 

 
𝐶𝑝 = 2𝑠𝑖𝑛2(𝜃) =

(𝑃2−𝑃∞)

1
2⁄ 𝜌𝑉∞

 
(4.3) 

Where: 

 sin 𝜃 =
𝑐

𝑣
 (4.4) 

θ is the Mach angle, v is velocity, and c is the speed of sound. Substituting Equation 4.4 into 

Equation 4.5, intensity can be found. 

 
𝐼 =

𝐶𝑝

4
(𝑃2 − 𝑃∞)𝑉∞ (4.5) 

This can then be used to find the sound intensity level from Equation 4.2. Using a launch speed of 

5.5 km/s, the sound intensity level is estimated to be 173.4 dB. Public road access to the mountain 

ends about 3 km from the site. The sound intensity level at that distance can be estimated using 

Equation 4.6 (Sengpiel Audio, 2014). 

 𝐿2 = 𝐿1 − 20 log
𝑟1

𝑟2
 (4.6) 

 The ratio 𝑟1 𝑟2⁄  is between the distances at which 𝐿1 and 𝐿2 are measured. 𝐿1 was taken to be the 

bore radius of the gun, which is 0.6 m. This gives a sound intensity level of 99.4207 dB. A 

perimeter can be set up to ensure that beyond this point, all personnel have adequate ear 

protection. An alarm system will alert personnel of an imminent launch. 
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5 Project Management 

The Gantt chart shown in Figure 5.1 shows the plan of activities and their relationships during the 

course of Project Aether. Significant changes were made to the chart shown in the Inception 

report. This is due to unforeseen technical issues regarding the gun and flight simulators, which 

affected the direction in which the project would develop. With regards to the gun, it was found 

that hydrogen injection would not be a suitable method of achieving a high exit velocity while 

minimising G force on the projectile. With the flight simulator, the time required to complete 

coding had been underestimated. Fortunately, these delays did not have a severe effect on the 

group’s ability to complete subsequent tasks within the allocated time scale. For reference, the 

Gantt chart from the inception report can be found in the Appendix. 

A WhatsApp group was utilised as the team’s main form of communication. This served as a 

means to give 24 hour updates on progress on each member’s tasks. It also proved more reliable 

than email or Surrey Learn messages when organising unsupervised meetings. These meetings 

were held at least once a week, and allowed group members to cross examine each other’s work, 

make improvements, and prepare for supervised meetings. Responsibility for chairing and 

secretarial duties during supervised meetings was done alphabetically. It was decided that this was 

the most straight forward and impartial way to allocate these tasks. Agendas were distributed by 

the Chairman at least 24 hours in advance of the formal meeting, and meeting minutes no less 

than 48 hours after the meeting. The use of WhatsApp as a communication tool was effective in 

prompting group members to submit these documents in a timely manner, since group members 

usually had their mobile devices on their person.    
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Figure 5.1 Project Aether Gantt chart. 
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6 Electrothermal Light Gas Gun 

After initial research it was believed that an electrothermal light gas gun (ELGG) with hydrogen 

injections would be the best method of launch. This method was selected over the conventional 

LGG due to its potential to provide a more controlled acceleration, reducing the G-forces acting 

on the projectile, payload and supporting structures. Similar launch systems have been proposed, 

such as the Jules Verne launcher (Bertolini et al., 1993) and in a gun with combined operation 

using a chemical propellant and plasma (Figure 6.1). 

 

Figure 6.1 Patented design for a hydrogen injection system, showing a primary breech (13) and subsequent coupled 

injectors (25 and26) (Saphier et.al, 1993). 

The injections would supposedly lead to reducing the G-force experienced by the projectile, by 

introducing energy to the system incrementally. This should result in the peak force being 

sustained for a longer period of time (Figure 6.2-line 11). Therefore it should be possible to 

design for a lower peak force, to create less extreme accelerations. 

 

Figure 6.2 Pressure Time plots for patented injection system. Lines 6, 8 and 10 are injection inputs. Line 11 is the 

resultant breech pressure generated (Saphier et.al, 1993) . 
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6.1 Assumption and Equations for ELGG  

To assess the feasibility of hydrogen injection a simplified model was made. The model neglects 

the initial pressurising of the hydrogen and acts from the moment of firing once the peak pressure 

is reached. Therefore each injector can be treated as a conventional gun breech. Since it is 

assumed that the gas undergoes adiabatic expansion, there is no friction between the projectile and 

walls and no gas leaking past the projectile (Donald et al., 2013). 

𝑃 = 𝑃0

𝑉0
𝛾

(𝑉0 + 𝐴𝑥)𝛾
 

(6.1) 

𝑀�̈� = 𝑃𝐴 (6.2) 

The adiabatic the pressure volume relationship is described by Equation 6.1, where P is pressure, 

V is volume, γ is the adiabatic index (1.4 for hydrogen) and subscript 0 denotes an initial 

condition. The dynamic equation for the projectile motion is as shown in Equation 6.2, where A is 

the gun tube area, M is the projectile mass, 𝑥 is the projectile position and �̈� is the acceleration.  

6.1.1 Numerical scheme 

The differential equations in the all gun model simulations were solved with Heun’s method for 

numerical solution rather than the Matlab’s pre-built ODE and PDE functions. As this would 

allow for a greater amount of control of the process, for example manipulating values of constants 

that may be depended on time or position between time steps. 

The Heun’s method is inherently less accurate than the ODE45 function which uses a Runge-

Kutta method, a the Huen’s method only uses one predictor step giving an global error of O(h2) 

and Runge-Kutta uses four and weighs the steps giving a lower global error of O(h4) (where h is 

the time step).  

6.2 Gun Model  

6.2.1 Test Model  

To test the assumptions and simplifications made about the behaviour of the model, it was 

initially run with input parameters based on Tidman and Massey (1993). Since Tidman and 

Massey did not provide any information as to the final burst pressure, it was estimated as 

200MPa. The results of this simulation overestimated the muzzle velocity by 7%. This was 

deemed acceptable as the model is ideal and neglects all sources of loss included by Tidman and 

Massey, so an over estimation was to be expected. Additionally the large inaccuracy was expected 

as not all the initial conditions where provided. 
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6.2.2 Injection Behaviour 

The detailed timing of the injections is neglected and the injectors are assumed to act at the exact 

time required. The injectors where spaced so the time between injections would be 0.1s, with each 

injection increasing the velocity by 600m/s. Using a suvat approximation the acceleration for each 

injection would be 6000m/s2. 

The injectors would be angled as shown in Figure 7.2 to ensure the majority of the force exerted 

by the gas acts in the positive direction. The initial model was very simple and neglected the 

effect of the increased mass of hydrogen on the velocity of the projectile. In addition the 

injections were assumed to only provide work in expanding the volume in the positive direction 

(Figure 6.3), similar to as if the expansion chamber behind the injector was plugged. 

 

 

 

 

 

 

In order to implement this behaviour Equation 6.1 and 6.2 were modified to Equation 6.3 and 6.4. 

Subscript z denotes the number of the injector, Lz is the location of injector relative to the initial 

breach (Figure 7.4) and subscript n is the total number of injections. 

𝑃𝑧 = 𝑃𝑧0

𝑉𝑧0
𝛾

(𝑉𝑧0+𝐴(𝑥−𝐿𝑧))
𝛾  

(6.3)  

𝑀�̈� = (𝑃1 + 𝑃2 + ⋯ + 𝑃𝑛)𝐴  (6.4) 

In addition to this model another was made to demonstrate the worst case scenario, when back 

flow of the gas occurs. The model assumes that once the injector fired, gas would instantaneously 

occupy the volume behind the injector before exerting a force on the projectile. Equation 7.5 

allows for this to be implemented, where V0 is the total volume of behind the proceeding injector. 

𝑉𝑧0
= 𝑉0 + 𝑉𝑧0

+ (𝐴𝐿𝑧)  (6.5) 

This approximation greatly exaggerates any back flow that would be expected. Additionally the 

negative force the back flow would exert on the traveling fluid is neglected as it occurs instantly. 

V0, 

P0 

V20, P20 

X+ 

L1 L2 

A 

Z=1 
Z=2 

Figure 6.3 Diagram of ELGG model used in calculations. 

V10, P10 

V0, P0 
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6.2.3 Interpretation of Results   

Figures 6.5 and 6.6 show the velocity time curves for the projectiles travel through the gun in the 

“plugged” and worst case models respectively. In Figure 6.5 there is no noticeable contribution 

from any injections, as seen by the characteristic ballistic curve of a one stage gun (Donald et al., 

2013), whereas in Figure 6.6 distinctive jumps can be seen at each injection site, however each 

subsequent jump decreases in size. 

 

Figure 6.5 Projectile velocity vs. time for the worst case model. 

The worst case model (Figure 6.5) illustrates the need to correctly angle the injectors so that the 

fluid exerts force in the positive direction, or the effects of the injection will be greatly 

diminished. As previously stated the model is an exaggeration and in reality the model would be 

closer to the “plugged” model. The majority of negative pressures generated would be from shock 

waves that propagate through the fluid. The injector can be assumed to act similar to a shock tube. 

Once the diaphragm bursts a shock wave will be produced, this shock wave will be reflected when 

it meets a boundary (Donald et al., 2013). The reflected wave will be of a lower velocity than the 

incident wave; however this wave could lead to stagnation of the flow (Donald et al., 2013). 
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Figure 6.6 Projectile velocity vs. time for "plugged" model. 

The “plugged” model (Figure 6.6) would suggest that an injection cannot be used to achieve high 

velocities when injectors are separated by large steps in time. This is because the projectile is 

already accelerating when the injected fluid exerts force upon the projectile. This means the 

pressure will drop at a faster rate with each injection in accordance with Equation 6.3. Therefore 

for any injections to have a substantial effect they will require a higher pre-burst energy input than 

the preceding injector of the same volume. 

Both models also neglect the effect increasing the mass of the gas has on the wave speed of the 

driving fluid. Donald et al. (2013) have shown that with the Lagrange approximation the ratio of 

the projectile mass and the fluid mass can be used to describe this phenomenon.  

Equation 6.6 is the relationship between the breach pressure and pressure acting on the projectile 

described by the Lagrange gradient, where Pb is the Pressure at the breech, Ps is the Pressure at 

the base of the projectile and mg is the mass of the driving fluid. 

𝑃𝑏 = 𝑃𝑠 (1 +
𝑚𝑔

2𝑀
) (6.6) 

This limits either the volume of gas in an injector or the total number of injectors along the barrel. 

For bigger injectors fewer injections can be used and vice versa, as with each injection the mass 

of hydrogen will increase and make the effect of Equation 7.6 more dominant. 

The injection systems previously proposed by Saphier et.al (1993) appear to only work when the 

injections are located near the breech and fire in rapid succession (Figure 6.2). This results 

sustained pressure shown in Figure 6.2 and helps reduce the diminishing effects shown in Figure 

6.6 as the projectile is still at a relatively low speed when the injection occurs. However due to the 

scale of gun required to launch a satellite, this method would is not applicable.  
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7 Two-Stage Light Gas Gun 

The ELGG injection system is not a suitable mechanism for projectile launch, as the injections have a 

decreasing effect on the projectile’s motion. In order to maintain a substantial effect the injectors 

would have to increase to an impractical size. Alternatively the initial injectors would have to provide 

a large burst of energy, removing the benefit of decreased G-force. Witherspoon and Kruczynski 

(2000) reached a similar conclusion as to the practical use of ELGG injection systems. It was 

therefore decided that the system design be regressed to a two-stage LGG. 

7.1 Breech Propellant  

7.1.1 Solid Propellant 

The breech in the first stage of the gun requires a large energy output to move the heavy piston at a 

relatively high velocity. For this high energy triple based propellants were considered as they are 

commonly used with tank guns that require armour penetration. High energy propellants substitute 

nitroguanidine for RDX to achieve this increase in energy; however it does come at the cost of 

increased wear in the gun barrel (Akhavan, 2004).  

As previously mentioned (Equation 6.6) the mass of gas produced by the propellant fluid is extremely 

important design factor. Due the scale of the gun the required energy is much larger than a 

conventional gun and therefore more propellant will have to be used. 

For a first approximation of the amount of propellant required, it is assumed there are no losses from 

the combustion and it is all converted into kinetic energy. It is also assumed that all of the solid charge 

is turned into a gas. 

∆𝐻 = 𝑊 = 𝑃𝑉 =
1

2
𝑀𝑣𝑝

2 (7.1) 

Equation 7.1 was used to calculate the required volume of the charge based on a target muzzle 

velocity, where ΔH is the change in enthalpy, W the work done, P the peak pressure generated by the 

propellant, V is the volume of the breech and vp is the peak velocity of the projectile. From the volume 

the mass of propellant can be calculated and used with Equation 7.6 to find the drop in pressure. 

For the case where a 2000kg piston is required to reach a velocity of 2.3 km/s, a RDX composition 

from Sanghavi et al. (2006) is used which generates a peak pressure of 256 MPa. To provide 

sufficient energy 4000kg of propellant would be required. With the use of Equation 6.6 it can be 

shown that the pressure acting on the base of the projectile is half of the pressure generated at the 

breech (Figure 7.1). 
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Figure 7.1 Pressure against time for the first stage of the gun (Green breech pressure, Blue projectile base pressure). 

In Figure 7.1 it can be seen that solid propellants are not suitable for this application and a much 

lighter propellant is required. The two light high energy options would be liquid hydrogen and oxygen 

and hydrogen gas. Hydrogen gas would be the absolute lightest driving fluid usable with a molecular 

mass of 2 however due to the complications previously mentioned (Section 6) it was not considered as 

an option. Although the liquid hydrogen and oxygen fuel would produce a driving fluid with a higher 

molecular mass it will reduce the effects of the pressure drop (Figure 7.2). Additionally, the design of 

its breech will be considerably easier and cheaper as designs of rocket engines could be modified to fit 

the purpose. 

 

Figure 7.2 Illustration of Pressure base/breech ratio against projectile velocity for propellants of different molecular mass 

(Witherspoon and Kruczynski, 2000). 
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7.1.2 Liquid Propellant 

To find the mass of fuel required to generate the needed energy input to the system, it is assumed that 

the fuel is a stoichiometric mixture i.e. 𝐻2 + 1

2
𝑂2 → 𝐻2𝑂. The combustion is assumed to be ideal, with 

all the reactants forming water vapour (an ideal gas with no dissociated elements) (Sutton, 1992). The 

energy required from combustion can be calculated using Equation 7.1. 

Equation 7.2 is used to calculate the energy produced during combustion, where ∆ℎ is the specific 

enthalpy, subscripts r and p stand for reactants and products respectively and mp is the mass of the 

product (Sutton, 1992). 

∆𝐻 = ∆𝐻𝑝 − ∆𝐻𝑟 =
∆ℎ𝑝𝑚𝑝

𝑚𝑜𝑙𝑒𝑐𝑢𝑙𝑎𝑟 𝑚𝑎𝑠𝑠
= 𝑃𝑉 (7.2) 

The energy requirement for combustion in the designed gun is taken from Table 7.2 (Section 7.2.5). 

Taking the specific enthalpy of O2 and H2 to be 0 J/mol and that for H2O it is 241 kJ/mol (3.s.f.), the 

mass of fuel required to produce 12.5 GJ is 931 kg. As the mixture is stoichiometric this equates to 

838 kg of oxygen and 103 kg of hydrogen. The combustion of the fuels is assumed to occur after the 

liquid fuel has evaporated and mixed by diffusion. Exploding bridgewire ignition spaced evenly 

would be used to reduce the chance of a detonation wave (Bertolini et al., 1993), neglecting the 

effects of the vaporised metal produced during ignition on the speed of the gas.   

7.2 General Gun Design 

7.2.1 Design Targets 

The gun needs to be designed to provide the projectile with sufficient velocity, so that the projectile 

can break through to the thermosphere and reduce the requirements of the rocket engine (See Section 

13). The velocity is tied to the aerodynamics of the projectile body, the fuel needed to get into orbit 

and the overall projectile mass, which are explained in Sections13.3 and 22. As a result the gun needs 

to have a muzzle velocity of 5.5km/s. Additionally the gun should be designed to minimise the energy 

required for launch, recoil produced and the G-forces exerted upon the projectile. 

7.2.2 Two-stage LGG Model 

The model is based upon (Linhart and Cattani, 2007), similar to that shown in the inception report. In 

addition the pressure drop relationship due to propellant mass is applied to the dynamic equations 

(Donald et al., 2013). This is done by assuming each stage is an individual single stage gun. The 

piston would be the projectile in the first stage and the compressive gases would simply be a resistive 

force and in the second stage the compressing face of the piston would be treated as the location of a 
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second breech. The gases in the gun are all assumed to be ideal. Figure 7.9 is a simplified sketch of a 

two-stage LGG corresponding to the model used, in a pre-fired and fired state. 

 

Figure 7.3 LGG model used in computation (Top - pre-fired, Bottom - fired). 

Equation 7.3 describes the Pressure generated in the breech (Py), where V0 is the volume of the breech, 

P0 is the pressure provided by combustion, A is the area of the compression chamber, g is the 

adiabatic index of the propellant gas (1.33 for water vapour) and y is the displacement of the piston. 

Equation 7.4 describes the pressure of the compression chamber (Px) where; p0 is the pre-fill pressure 

and L1 is the total length of the chamber, L1A is the initial volume of the chamber, a is the area of the 

gun barrel bore, 𝛾 is the adiabatic index of the hydrogen gas (1.4) and x is the displacement of the 

projectile. 

𝑃𝑦 = 𝑃0
𝑉0

𝑔

(𝑉0+𝐴𝑦)𝑔  (7.3) 

𝑃𝑥 = 𝑝0
(𝐿1𝐴)𝛾

((𝐿1−𝑦)𝐴+(𝑎𝑥))
𝛾  (7.4) 

�̈�𝑀 = (
𝑃𝑦

1+
𝑚𝑐

2𝑀

− 𝑃𝑥)A (7.5) 

�̈�𝑚 = (
𝑃𝑥

1+
𝑚𝑔

2𝑚

) 𝑎  
𝑖𝑓 𝑃𝑥 > 𝑃𝑑 

(7.6) 

�̈�𝑚 = 0  𝑖𝑓 𝑃𝑥 < 𝑃𝑑 (7.7) 

Equation 7.5 is used to calculate the acceleration of the piston (�̈�) where; M is the piston mass and mc 

is the mass of the combusted gas. Equations 7.6 and 7.7 describe the acceleration of the projectile 

(�̈�).This depends on whether the chamber pressure (Px) is greater than the disks rated pressure (Pd). In 

Equation 7.6 m is the mass of the projectile and mg is the mass of the hydrogen. 

The pressure drop calculated with Equation 6.6 estimates the loss of energy due to the speed of sound 

in the gas. The Lagrange Gradient approximation assumes the difference between the projectile 

velocity and the speed of sound to be constant (Donald et al., 2013). However the speed of sound in a 

LGG would vary due to its dependence on temperature. In the LGG the temperature of hydrogen will 
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increase with compression, leading to an increase in the speed of sound and decreasing the drop in 

pressure. With this it can be assumed that the Lagrange Gradient over estimates the loss of energy. 

7.2.3 Design Choices and Effects 

There are multiple configurations for the gun that would be able to produce the desired muzzle 

velocity; almost all the variables have coupled effects. Therefore the first task was to reduce the 

number of unknowns. The projectile mass is initially assumed to be 420kg. This accounts for the 

payload, projectile structures, fuel and sabot. The barrel’s bore was set to a 1.2m diameter as this 

allows space for an effective sabot (See section 7.7). As seen in the inception report the length of the 

gun tube is arbitrary as it has little to no effect on the performance of the gun, and therefore is set to a 

value that would ensure the projectile reaches the desired speed before it is ejected. 

The parameters left are; the initial volume and pressure of the breech, the length and area of the 

compression chamber, the prefill temperature and pressure of the hydrogen, and the mass of the 

driving piston. 

The breech volume and pressure dictate the initial burst of energy that can be put into the system. The 

volume of the breech has to be appropriately matched to sizing of the compression chamber or the 

pressure drop due to the work done on the piston will result in the piston not reaching the desired 

speeds (Equation 7.5). 

An increase in the area of the compression chamber will result in faster acceleration of the piston and 

therefore greater compressive force on the gas. Both increasing the area and length of the chamber 

results in a larger mass of hydrogen (unless the initial temperature is increased), which will cause the 

pressure drop mentioned in Equation 6.6. The length of the compression chamber will alter the 

duration for compression. 

The mass of the piston affects its acceleration and how much it can compress the hydrogen (Linhart 

and Cattani, 2007).  A heavier mass will require a higher initial energy to reach the same velocity as a 

lighter piston. Additionally a heavy mass will improve the compression of the gas as its inertial force 

will require a higher pressure to stop and repel it (Linhart and Cattani, 2007). 

The pre-fill pressure effects the acceleration of the piston as it provides a resistive force. This results 

in the need for higher initial energy or a heavier piston mass for a given pre-fill pressure increase. 

This additionally results in the increase of gas mass in the compression chamber of the gun and 

therefore a drop in pressure acting on the projectile (Equation 6.6). This effect can be reduced by 

increasing the prefill temperature to increase the pressure rather than adding more mass. 

Finally the burst disk pressure controls at which pressure the hydrogen begins to flow into the barrel 

and move the projectile. The threshold at which it bursts also controls the peak pressure that can be 
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generated in the barrel of the gun. The higher the limit, the larger the pressure that can be made from 

the compression. However a lower limit can lead to a bleed effect, where the piston will continue to 

compress the gas and act to keep pressure at a constant level for a period of time.  

7.2.4 Design Capable of Reaching 5.5km/s 

 

Figure 7.4 Velocity against Distance for both stages of the gun (Green - Piston, Blue - Projectile). 

Using the model designed in the inception report as a start point, a LGG that could provide the 

required muzzle velocity was designed. Multiple configurations were tested based on the choices 

described in Section 7.2.3. Figure 7.4 shows the expected outcome of the LGG configuration 

described in Table 7.1 (T0 is the initial temperature of the hydrogen gas). 

Table 7.1 LGG model parameters to achieve 5.5 km/s. 

P0 

(MPa) 

V0 

(m3) 

M 

(kg) 

A 

(m2) 

L1 

(m) 

a 

(m2) 

L2 

(m) 

p0 

(MPa) 

Pd 

(MPa) 

T0 

(˚K) 

100 22.5 12800 8.00 120 1.13 80.0 0.100 45.0 600 

7.2.5 Reduction of Projectile G-force 

As shown in Section 7.2.4 the gun is capable of providing a muzzle velocity of 5.5km/s but the 

projectile would experience a peak G-force of 3.75 × 105and an average G-force of 1.02 × 105. This 

would likely destroy any projectile launched. To reduce the G-force the “bleed” effect previously 

mentioned was utilized. 
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Figure 7.5 Velocity against Distance for both stages of the gun (Green - Piston, Blue - Projectile). 

A pre-fill pressure and appropriate burst pressure were selected so that the peak pressure in the barrel 

was reduced but its duration was prolonged. This results in a reduction in acceleration whist achieving 

the muzzle velocity (Figure 7.5).  The LGG configuration described in Table 7.2 results in peak G-

force of 7000 (Figure 7.6) and an average G-force of 3000. 

 

Figure 7.6 G-force experienced by the projectile over time. 

Table 7.2 LGG model parameters used to reduce G-force. 

P0 

(MPa) 

V0 

(m3) 

M 

(kg) 

A 

(m2) 

L1 

(m) 

a 

(m2) 

L2 

(m) 

p0 

(MPa) 

Pd 

(MPa) 

T0 

(˚K) 

250 50.0 18000 5.50 360 1.13 500 2.00 10.0 600 

For a projectile of this mass G-forces in the region of 7000 g is the minimum achievable. The pressure 

“bleed” used to decrease the acceleration works by introducing inefficiency to the system. Further 

reductions in G-force would require an increase in the initial energy provided from the breech and the 
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pre-fill pressure in the compression chamber and gun barrel. However, increasing these parameters 

results in an insignificant decrease in G-force with respect to Figure 7.6 making them uneconomic.  

Larger mass projectiles would require a significantly larger amount of input energy from the breech to 

achieve the same muzzle velocity. This results in the scale of the gun dramatically increasing making 

it poorly suited for a mountain launch due to the lack of space (Section 9). Additionally because of the 

large increase in initial energy the system the G-forces are higher.  

Table 7.3 LGG model parameters to reduce G-force on a 3000 kg projectile. 

P0 

(MPa) 

V0 

(m3) 

M 

(kg) 

A 

(m2) 

L1 

(m) 

a 

(m2) 

L2 

(m) 

p0 

(MPa) 

Pd 

(MPa) 

T0 

(˚K) 

350 150 30000 5.50 750 1.13 760 1.95 8.00 600 

Table 7.3 describes a LGG capable of launching a Projectile of mass 3000 kg to 5.5 km/s. Figure 7.7 

shows that the LGG reaches a peak of 15000 g. Alterations to the configuration have shown 

insignificant variation from the peak value.  

 

Figure 7.7 G-force experienced by 3000 kg projectile over time. 

The outcome of these simulations show that a LGG could launch a range of masses to the target 

muzzle velocity. However the ability to control the G-forces experienced is limited. For the LGG to 

be suited to the intended launch site and experience reasonable G-forces the projectile should be 

designed with the aim of to keep the mass to a minimum. 
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7.2.6 Recoil Considerations 

The recoil of a gun is calculated using the conservation of momentum (Donald et al., 2013), where the 

momentum of the gun is equal to the momentum of the driving fluid and the projectile (Equation 7.8). 

The velocity of the driving fluid can be approximated similarly to the mass ratio for the pressure drop 

(Donald et al., 2013). 

𝑚𝑔𝑢𝑛𝑣𝑟𝑒𝑐𝑜𝑖𝑙 = (𝑚 +
𝑚𝑔

2
) 𝑣𝑚𝑢𝑧𝑧𝑙𝑒 

(7.8) 

Two different gun configurations were considered to distribute the recoil momentum. The first is an 

L-shaped similar to the SHARP experiment (Figure 7.8). The second is the conventional linear gun 

shape (Figure 7.3). 

 

Figure 7.8 Simple diagram of project SHARP LGG configuration. 

The L-shape was considered as it could separate the momentum into two axes potentially reducing the 

requirements of the recoil system and even allowing the potential to use of a recoilless system for the 

first stage of the gun (Bertolini et al., 1993). The equations that describe the recoil are Equation 7.9 

and 7.10, where stage 1 is the segment of the gun containing the compression chamber, stage 2 is the 

segment of the gun containing the gun barrel (See Figure 7.8) and recoil_1 and recoil_2 correspond to 

the previous stages respectively.  

𝑚𝑆𝑡𝑎𝑔𝑒1𝑣𝑟𝑒𝑐𝑜𝑖𝑙_1 = (𝑀 +
𝑚𝑐

2
) �̇�  (7.9) 

𝑚𝑆𝑡𝑎𝑔𝑒2𝑣𝑟𝑒𝑐𝑜𝑖𝑙_2 = (𝑚 +
𝑚𝑔

2
) �̇�  (7.10) 
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Figures 7.9 and 7.10 show the momentum of the first and second stages respectively. It can be seen 

that the magnitude of the gun barrels momentum is significantly lower that the compression chamber. 

If a recoilless system is used for the compression chamber, the recoil requirements for the gun barrel 

are greatly reduced compared to a linear system, which must limit the motion of both stages. However 

the linear system has additional benefits that will be explained.  

 

The recoiling momentum produced in the conventional linear configuration (Figure 7.3), is the 

summation of both the compression chamber and main barrels momentum as shown in Equation 7.11.  

 𝑚𝐺𝑢𝑛𝑣𝑟𝑒𝑐𝑜𝑖𝑙 = (𝑀 +
𝑚𝑐

2
) �̇� + (𝑚 +

𝑚𝑔

2
) �̇� 

(7.11) 

This results in the recoil shown in Figure 7.11. It can be seen that the recoil generated by the projectile 

and hydrogen gas (Figure 7.10) makes a negligible contribution. The oscillating motion of the 

compression piston acts as an in-built soft recoil device.  

 

Figure 7.11Recoil velocity of linear LGG with doped mass (See Section 7.3.2). 

Figure 7.9 First stage recoil momentum against time.                                     Figure 7.10 Second stage recoil momentum against time.                               
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At the moment when the burst disk ruptures the projectile moves in the positive x direction, however 

at the same moment the piston is stopped and repelled by a gas cushion, this causes a change in 

momentum into the negative x direction (See Figures 7.9 and 7.10). This change makes the gun act 

similarly to a soft recoil system, providing a forward momentum that counteracts the “kick” generated 

when the projectile is fired (Kang and Gimm, 2012). It could however, be said that this system is 

poorly designed as it provides excessive forward momentum, meaning that unlike a conventional gun 

any recoil system will have to prevent the forward motion of the gun. 

In addition Figure 7.11 would indicate that to help reduce any recoiling motion systems are required 

to bring the piston to a stop within a short time frame after firing. Additionally, the recoil velocity of 

the gun can be reduced by doping the mass of the gun structures so that a less powerful recoil system 

is required (See Section 7.3.2).   

In the linear configuration the recoil of the second stage is dwarfed by the recoil generated by the first 

stage, such that muzzle devices will have a negligible effect on the longitudinal recoil, hence the 

ejection phase is neglected from calculation. 

These recoil momentum calculations neglect the offset of the centre of gravity and a centre line of the 

gun barrel (Donald et al., 2013). This means that gun jump will likely occur before the projectile is 

launched. The recoil system should aim to reduce this as should the muzzle devices. 

7.3 Gun Tube Design 

7.3.1 Rated Pressures 

Gun barrels are designed to withstand a set pressure level. From Section 7.2.2 (Table 7.2 gun 

configuration) the pressures within each stage are calculated. The maximum this reaches is the 

Computed Maximum Pressure (CMP). The CMP is the starting level for the expected load on the gun 

(Equation 7.12), however numerous experimental tests should be performed to validate this value or 

replace it. This is called the Normal Operating Pressure (NOP) (Donald et al., 2013). 

𝐶𝑀𝑃 = 𝑃𝑚𝑎𝑥 (7.12) 

Due to the non-deterministic nature of the pressure produced in a guns breech it is standard procedure 

to add an additional 17MPa to the CMP/NOP to get the Rated Maximum Pressure (RMP) (Equation 

7.13). Supposedly the RMP will never be exceeded by the maximum Pressure of several firing cycles. 

To accommodate for changes in temperature changes affecting gun pressure the RMP is increased by 

15% to give the Permissible Individual Maximum Pressure (PIMP) (Equation 7.14). The PIMP cannot 

be exceeded by any fired round (Donald et al., 2013). 

𝑅𝑀𝑃 = 𝐶𝑀𝑃 + 17𝑀𝑃𝑎 (7.13) 
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𝑃𝐼𝑀𝑃 = 𝑅𝑀𝑃 × 1.15 (7.14) 

Table 7.4 shows the calculated pressures and the PIMP’s of each stage. These values then can be used 

to calculate the dimensions of the of the gun barrel and compression chamber so they will not yield 

under at the PIMP. 

Table 7.4 Pressure ratings for the first and second stage of the LGG. 

 CMP (MPa) RMP (Mpa) PIMP (Mpa) 

Stage 1 250 267 307 

Stage 2 74 91 105 

7.3.2 Gun Tube Stress Design 

The tubes in the gun must not experience stresses greater than the material yield stress when the PIMP 

is applied. To calculate the maximum stress in the material the Von Mises Criterion is used (Equation 

7.15).  

𝜎𝑦
2 = (𝜎𝑎 − 𝜎𝜃)2 + (𝜎𝜃 − 𝜎𝑟)2 + (𝜎𝑟 − 𝜎𝑎)2  (7.15) 

𝜎𝑦
2 = 𝜎𝜃

2 − 𝜎𝜃𝜎𝑟 + 𝜎𝑟
𝑟  (7.16) 

In this case 𝜎𝑎 is the axial stress, 𝜎𝑟 is the radial stress, 𝜎𝜃 the hoop stress and 𝜎𝑦 is the yield stress. 

As the projectile is moving, the gun can be assumed to be an open ended tube and therefore the axial 

stress is 0. This leads to a simplification of Equation 7.15 to Equation 7.16. 

For thick walled pressure vessels the Lame’s equations can be used to give the hoop and radial 

stresses. It is assumed that the outer radius of the structure is a free surface therefore 𝜎𝑟 is 0. 

Additionally the maximum stress for both 𝜎𝑟and 𝜎𝜃 is at the inner radius ( 𝑟𝑖). This allows for the 

stress to be given in terms of internal pressure (𝑃𝑖) and a ratio of the radii (
𝑟𝑜

2

𝑟𝑖
2) (Equation 7.16 and 

7.17).  

𝜎𝜃 = −𝑃𝑖 (
1

1−
𝑟𝑜

2

𝑟𝑖
2

+
1

𝑟𝑖
2

𝑟𝑜
2−1

)  (7.17) 

𝜎𝑟 = −𝑃𝑖 (
1

1−
𝑟𝑜

2

𝑟𝑖
2

−
1

𝑟𝑖
2

𝑟𝑜
2−1

)  (7.18) 

The internal pressures in the gun stages are known from Section 7.2.2, the inner radii are also known 

due to piston and sabot diameter. The code then uses Equation 7.16, 7.17 and 7.18 to calculate the 

Von Mises equivalent stress in the component based on an initial guess for the outer radius. The 

equivalent stress is then compared to the maximum allowable stress. This is set above the PIMP of the 
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component. If the stress is above the limit, the outer radius is increased; this is repeated until the stress 

is within the limit. To find the minimum required amount of material along the tube, a different PIMP 

is used for each x step based pressure variations due to expansion and compression. 

 

Figure 7.12 Inner radius and minimum outer radius for the compression chamber not to yield under PIMP. 

Figure 7.12 and 7.13 show the minimum required dimensions of the compression chamber and gun 

barrel. In conventional gun design the barrels would be tapered (Figure 7.12 and 7.13 a smoothed 

outer radius) to try reduce the required material, making the gun light enough for transport. However 

the gun will be mounted permanently and as mentioned in Section 8 it would be a benefit from a 

uniform tube (Outer radius set to same as the maximum radius) to dope the mass and reduce the recoil 

(See Figure 7.11). 

 

Figure 7.13 Inner radius and minimum outer radius for the gun barrel not to yield under PIMP. 
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Conventional gun steel (4140 steel), will be used to construct the compression chamber and barrel. 

The material’s yield stress is 441MPa (KSU: MED, 2006), giving a safety factor of 1.44 for the gun 

with PIMP applied. Additionally as the material will only experience loads less than 307MPa the 

components will survive over 1 × 104cycles before fatigue failure (Figure 7.14). The density of the 

material is 7850 kgm3, with the radius previously suggested. This results in the recoil velocity in 

Figure 7.11. 

 

Figure 7.14 S-N curves for 4140 Steel with different heat treatments (KSU: MED, 2006). 

7.4 Piston Control  

Once the projectile launches the piston will be repelled by a cushion of compressed gas, 

recompressing the combusted fuel. This will eventually repel the piston back toward the gun barrel; 

however the hydrogen will have been ejected from the gun. Having no resistive force the piston will 

collide with the barrel causing damage preventing repetitive firing.  

Pavarin et al. (2004) has shown that this can be prevented and controlled. This is done by closing a 

valve blocking the barrel and refilling the compression chamber (creating a new gas cushion). The 

piston can be brought to a controlled stop by evacuating and refilling the chambers either side of the 

piston as appropriate. 

 Due to the scale of the LGG used by Pavarin et al. (2004), all actuation for the control occurs in the 

milliseconds. For a LGG described in Section 7.2.5 the time scale can be increased to tenths of a 

second. However the bore of the barrel being 1.2 m will make the design of a fast acting valve 

significantly more complicated.  

Instead of using conventional valves, devices such as ram blowout preventers (BOP) used to seal oil 

pipelines should be considered (Azar and Samuel, 2007). In future work BOP should be assessed to 

determine whether their speed of actuation and durability are suitable for use in a LGG. 

7.5 Experimental Testing 

Before the suggested two-stage light gas gun is constructed for use, a series of experimental tests 

should be conducted to validate the new concepts implemented as explained in Section 2. The two 
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main concepts requiring testing are the piston soft recoil system and the pressure “bleed” G-force 

reduction. 

To test these concepts a conventional LGG could be used with slight modification. To test for 

piston soft recoil, sensors can be added to the recoil system to detect the direction of the recoil. If 

the recoil is positive in the direction after the projectile is launched it will confirm the presence of 

soft recoil. 

To test for G-force reduction, the pressure in the compression chamber and behind the burst disk 

will be altered to create a “bleed”. The projectile used would contain accelerometers to record the 

G-force. If the projectile registers lower G-forces than in a standard launch the concept will 

validated. Additional Component Mechanisms and Designs  

7.6 Muzzle Devices 

Muzzle devices are used for 3 main reasons; to reduce recoil, suppress flash and decrease report. 

One form of muzzle device is a muzzle brake. A muzzle brake focuses on the reduction of recoil 

by using baffles or ports to dump exit gas out the side of the barrel. On a conventional gun, where 

a shooter is standing behind the barrel, the types of muzzle brakes used can be shown in Figure 

7.1 (Donald et al., 2013) 

 

Figure 7.15 Conventional Muzzle Brakes. 

In project Aether, there will not be gun crew standing at the back of the gun barrel, meaning that a 

more effective muzzle brake can be used. This results in a great reduction in recoil. The muzzle 

brake design can be seen in Figure 7.16
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Figure 7.16- Left side of muzzle brake 

This new muzzle break not only reduces the exit mass with forwards velocity, but allows for the 

escaping gas to contribute to the backwards momentum required to counter that firing from the 

gun. By using a curved T-style muzzle brake, the velocity of the vented high pressure gas is 

maintained, increasing the mass of escaping gas since the gas will travel in the direction of least 

resistance, and therefore maximising backwards momentum.  

Without testing it is difficult to provide a figure for the effectiveness of the muzzle brake since the 

theory available doesn’t cover hypersonic flow. It is recommended that whilst testing a scaled 

gun, that a number of different muzzle brakes are also tested. 6 buffers is recommended, since this 

captures the most gas, as can be seen in Figure 7.17. 

 

Figure 7.17 Efficiency of Baffles. 

It would be expected that since project Aether’s muzzle brake will have an exit angle closer to 

parallel of the barrel, the recoil reduction would be similar if not greater than what is currently 

available. Another reason for a potentially more effective muzzle brake is the number of ports 

used. On a rifle muzzle brake, there is usually a maximum of 4 large ports due to the increase 

weight, length and visibility issues; limiting efficiency. 
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The muzzle brake will need to be able to withstand the same hostile conditions as the gun barrel, 

and is recommended that the same material and heat resistant coating is to be used.  

To reduce the noise of the gun a blast defector can be utilised. However, the blast deflector would 

reduce the efficiency of the muzzle brake and only redirect the noise, not reduce it. Another 

option would have been to use a silencer instead of the muzzle brake; however given that the gun 

will be fired without personnel in the area, and recoil a bigger issue, a muzzle brake was 

preferred.  

7.7 Vacuum System 

To create the vacuum, the muzzle brake will be used. To best describe how this would work, see 

Figure 7.18 

 

Figure 7.18 - Vacuum outlet on muzzle brake 

Rather than sealing more sections of the gun barrel and risking a rough bore, the already existing 

muzzle brake has been used to provide a vacuum outlet. If the vacuum holes were to be 

elsewhere, they would also experience a much more hostile environment due to the hottest, 

highest pressure section of the gun being at the bottom, and coolest, lowest pressure section being 

at the muzzle. 

It is extremely difficult to create a perfect vacuum, and depending on the quality of vacuum 

required a variety of methods are used. The quality of the vacuum is measured in torr where 1torr 

= 1/760 standard atmospheric pressure.  

Firstly, the material for the vacuum wall (barrel wall) must be considered. If permeability is too 

high, a coating will need to be applied to ensure that the leakage is at a minimum. The 

permeability of metal is sufficient so that a coating isn’t required for this application.  

Secondly, the gun barrel will be made of a number of sections, joined together. At these joints 

there is a great risk of leakage so precautions will be made to ensure these joints are properly 

sealed and coated. Welding of metals provides a tight joint with low permeability, and is often 
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used as a permanent vacuum seal. However, due to the increased maintenance costs of this, wax 

will be used to seal between bolted sections. It is recommended that the vacuum is checked for 

leaks between launches as part of the maintenance check.   

The type of pump required to achieve a pressure of 10-4torr, is a multistage rotary vane vacuum 

pump, which offers a high vacuum range (Roth, 1994). An example of a large dual-stage rotary 

vacuum pump is the Trivec B offered by Leybold. It has the capability of creating a vacuum of 

10-4torr and pumps 65m3/phr. utilising the 6 ports available in the muzzle brake, a combined 

speed is 390m3/phr, although this will reduce as the pressure decreases (Leybold products). For 

the complete graph of vacuum pumping speed see Figure 7.17. 

 

Figure 7.19 Pressurisation Rate of Vacuum Pump. 

The cost for this example pump is $10,000each.  

To further reduce the pressure in the barrel, a secondary vacuum pump would be required. This 

would likely be a turbo-molecular pump. A turbo-molecular pump is capable of lowering the 

pressure to 10-7torr. However, this would only increase the chamber preparation times, increase 

maintenance cost and make a very insignificant difference to the final velocity; at 10-4torr it can 

be taken as zero since peak pressure of the blast is 2500e5, causing it to be negligible. A 

secondary issue would be finding a method to manually switch the vacuum pumps over, in the 

position they’re to be situated could cause issues.  

7.8 Rupture Disks 

Rupture disks are a section of material used to conceal a vacuum; much like a diaphragm. The 

most notable difference is that the rupture disks are designed so that once a system becomes over-
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pressured they rupture. In this case, rupture disks will be used for two applications. Securing the 

high-pressured hydrogen propellant and securing the vacuum in the barrel. 

External rupture disks will be specifically designed to withstand the maximum pressure 

differential which is identical to atmospheric pressure, but break easily on impact. Given that the 

gas accelerates past the projectile in the muzzle brake, it is beneficially to design the rupture disks 

so that this accelerating gas causes it to rupture rather than the projectile impacting causing a 

reduction in exit velocity and possible damage. 

Rupture disks are usually used in a system which may become over-pressured, and are designed 

to rupture at such pressure. Given the speed of the accelerating gas, the pressure in front of the 

projectile could become large if the disk doesn’t rupture with relative ease, causing a reduction in 

exit speed. The rupture disk has been designed to break at 5bar, allowing for suitable vacuum 

tolerance but easy breakage.  

Rupture disks are commonly made out of a number of materials and for this application 

Austenitic stainless steel has been selected since it is widely available and easily formed, making 

the product cheap. Rupture disks can be made with groves, as shown in Figure 7.18.  

 

Figure 7.20 Rupture disk grooves (Davidson). 

Ralph Brenier, who has supposidely completed the work for this, hasn’t released the article where 

the sizing equations can be accessed. According to Davidson et al, this is due to the fact there are 

holes in the code which sizes them. For this reason a simplified flat rupture disk has been used. 

(Davidson) 

The rupture disk can be sized for any application using Equation 7.18 (Rust) 

 𝑝

𝐸
=  2 (

𝑇

𝐸
) (

𝑡

𝑎
) (7.19) 

For further clarity on Equation 7.19, refer to Figure 7.19 
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Figure 7.21 Dimensions for use with Equation 7.19. (Rust). 

For stainless steel, 
𝑡

𝑑
 should be ~0.15 for stainless steel (Rust). Shallower grooves will result in 

excessive shear forces; a larger groove is less effective.  

The disk could be held in place by rivets, securing it to the muzzle brake at the exit of the gun 

barrel. Since the shock hasn’t been modelled for the gun, the forces experienced on the rivets are 

unknown resulting in a safety first approach. This approach simply means that more rivets than 

necessary would be used to secure the disk. 

The more conventional method of securing the disk would be to use a holder (See Figure 7.22). 

Using a holder on the exit of the bore would obstruct the flow of the escaping gas, either 

damaging the holder and/or disrupting the flow of gas.  

Alternatively, a vice style clamp would be used. A small indent on the outside of the muzzle 

break, close to the exit, would be made. A vice covering the entire circumference of the holder 

would be used to ensure no air gaps which may allow the gas to enter or escape the vacuum 

prematurely. In this case, a vice is the best design choice. 

The main burst disk is situated after the piston and behind the projectile. The disk is to burst when 

the pressure of the hydrogen fuel reaches 100MPa. The purpose of this disk is to allow the 

hydrogen to be stored at a sufficient pressure, and release at the optimum pressure for reduced 

recoil and maximum exit velocity.  

Since this is placed inside the gun, a conventional holder will be used. A heavy block which slots 

into the gap left by the rupture disk is manufactured. The holder is carefully designed to secure 

the rupture disk whilst providing a clear passage for the escaping gas to travel. 
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Figure 7.22 Rupture disk holder (Davidson). 

This same holding technique will be used in the ports of the muzzle brake, but with a maximum 

pressure difference of 2.5bar; much like the muzzle exit rupture disk.  

7.9 Rupture Disk Sizing 

Refering back to Equation 7.18, the rupture disks are sized. Austenitic stainless steel commonly 

has a Ultimate Tensile Strength (UTS) or 586MPa (Matweb), and a Ultimate Shear Strength 

(USS) of UTS*0.75 (roymech).  

Although stainless steel is the most common material selection, the rupture disk at muzzle exit 

has a very low pressure difference, and therefore an Aluminium rupture disk is used. Very thin 

Aluminium sheets are readily available. It has a UTS of 110MPa when untempered, and a USS of 

0.65UTS. (roymech & azom). 

Rearranging Equation 7.18 the following thicknesses were calculated (Table 7.5). 

Table 7.5 Dimension of muzzle devices. 

Disk Diameter (mm) Thickness (mm) 

Baffles (x6) TBC* TBC* 

Piston 1200 68 

Muzzle Exit 1200 2 

*The thickness of the Baffle rupture disks will have to be calculated for each experimental muzzle brake 

until the optimum brake is design. Once the final muzzle brake design is complete the rupture disk can be 

designed for the gun. 
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7.10 Lubrication 

In order to get the minimum friction coefficient in the barrel, it will be cleaned of debris and 

sprayed with lubricant between firings. The lubricant will be a grease lubricant due to its abilities 

to withstand high pressure environments. Omega 35 has the ability to withstand operating 

temperatures of up to 800°c.  

It is expected that the gun barrel will undergo regular maintenance to maintain the smoothness 

and reduce the friction coefficient itself.  

7.11 Purpose of Sabot 

A sabot is a structure designed to encase a projectile during the launch process. A sabot, whilst 

possibly having a number of uses, has 3 primary purposes.  

 Keep the projectile laterally stable whilst withstanding high loads 

 Maintain maximum efficiency of propulsive gas by keeping it behind the projectile 

 Separate from the projectile shortly after muzzle exit. 

The sabot must deliver these primary objectives whilst maintaining low mass. This requires 

careful material selection. The latest technology in sabot design used by companies such as 

Simulations, LLC uses high-strength 3D composites due to their unique structure and properties.  

The sabot has to be able to withstand the 7,000Gees, with a projectile mass of ~350kg also 

experiencing the same acceleration. For a sabot also protecting the base of the projectile, the sabot 

base section must withstand a force of 24MN acting on it from the projectile’s mass, so will need 

to be designed to a much higher specification. Where the fuel tanks are situated, since liquid fuel 

is being used, extra supports will be required to support these extra point loads.  

7.11.1 Type of Sabot 

For a sub-caliber projectile there are two typical types of sabot, a ring and cup. A ring sabot 

typically protects the projectile are the centre, using the fins to stabilise its position in the gun 

barrel. Alternatively, the cup sabot protects the projectile from under the base and along the sides, 

using its own edges to stabilise the projectile. A cup sabot was selected for the following reasons: 

 To protect the base of the projectile from the high acceleration opposed to reinforcing the 

projectile; increasing its mass throughout the entire flight. 

 Better stability than a ring sabot 

 Shield the projectile from damage throughout the in-bore phase. 
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A sabot consists of 3 sections: the base, the driver and the finger petals. The base, sometimes 

known as the obturator, is usually a single piece of plastic. Its primary job is to form a seal, 

completely obstructing the gas from passing. The section between the base and projectile is the 

driver, which much be made to withstand the enormous force required to transfer the pressure 

from the gas onto the projectile. The fingers are used to support the projectile as it travels through 

the bore maintaining its alignment to ensure its velocity directions is parallel to the bore. 

When the L/D of the sabot-projectile model is over 10, the finger petals are designed to be Kinetic 

Energy (KE) penetrator and therefore usually made of titanium alloys or high strength aluminium. 

This is due to the strain relationship caused by having such a design. If L/D > 10 then the mass 

per cross-sectional area is too great, and therefore the driver thickness would be forced to increase 

beyond the point where a pulling-sabot is beneficial. If the pusher is too thin, the obturator would 

push passed the driver and projectile causing fatal damage to both the projectile and gun. The L/D 

ratio is the diameter of the widest section of the sabot-projectile model, and total length of the 

sabot-projectile model. 

The difference between the two is that a KE penetrator sabot is positioned further forward, and 

doesn’t support the projectile from the base; as would be preferred given the fuel system requiring 

support. This gives the effect that the sabot is ’pulling’ the projectile opposed to pushing it. Figure 

7.23 shows the difference between the two sabots. (Davison et al) 

 

Figure 7.23 Example of Push and Pull Sabots. 

For project Aether, the sabot-projectile, for sabot design, is classified as a short-rod and therefore 

no special design is required; L/D is approximately 6. Therefore a push sabot is required. 
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7.11.2 Obturator Design 

The obturator will be manufactured out of CFRP. It is important that the obturator does not 

deform during the in-bore process, maintaining the vacuum in front of the projectile. CFRP offers 

high compression and tensile strength, as well as low ductility. These unique properties are the 

requirement for this section of the sabot, and with the high strength to weight ratio, CFRP is the 

ideal material. CFRP is also manufactured to a high level of accuracy and precision, meaning that 

the obturator is likely to be sized to fit perfectly inside the barrel, sealing the vacuum. The density 

of CFRP is 2250kg.  

The obturator will be designed to house a cavity where the propellant gas forcing the projectile to 

accelerate will be entrapped. This design allows the obturator to be blown up by the shock waves 

created by the expanding entrapped gas as the projectile leaves the muzzle exit. As seen in Figure 

7.24. A secondary benefit of the entrapped gas in the cavity is it produces a pressure on the 

outside walls of the cavities causing the obturator to be pushed against the barrel wall; securing 

the vacuum further. See the Pressure lines in Figure 7.24 for clarity.  

 

Figure 7.24 Side view of Obturator with pressure lines. 

The obturator in a pushing sabot must be made of a single piece of material opposed to being 

notched or fully segmented. A notched obturator which experiences a hydrostatic load will allow 

fluid to pass into the area of removed material causing it to fail. A hydrostatic pressure is 

experienced here, since a hydrostatic pressure is a pressure exerted by any fluid in a confined 

space. A fully segmented obturator doesn’t allow the gas to flow passed, however does add 

design, manufacturing and assembly complexities. A fully segmented obturator is beneficial in 

that it discards easier, however it must still withstand the forces experienced through the gun 

barrel. 

A practical design which is proven to aid discard is separating the obturator into 2sections, the aft 

and front. The aft section of the obturator will be whole, and the front section of the obturator to 

be partially segmented. The partially segmented obturator being at the front leaves no risk of 

leaking gas, but minimises the required force to create the fractures that cause the obturator to be 

broken up at muzzle exit.  
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For simplicity, reducing the risk of manufacturing errors, a single piece solid obturator has been 

chosen for this project. If there was to be a partially segmented section, CFRP would be a less 

suitable material choice, although this wasn’t the major factor contributing to the decision. The 

main reasoning for this is that under hydrostatic pressure, the material can structurally fail but not 

crack, since the orthogonal components of stress are equal and under compression. The benefit to 

this is that manufacturing and assembly are simplified but the obturator is just as easily discarded 

once exiting from the muzzle. (Buck) 

When designing the obturator, it is important that its length is suitable size to secure the vacuum, 

yet not too long as to save mass. Since the obturator carries very little load, it has been hollowed 

out to save mass. The mass and 3D view of the obturator can be seen below in Figure 7.23. 

 

Figure 7.25 3D obturator and Mass from Solid Edge. 

7.11.3 Pusher/Driver Design 

The pusher’s only purpose is to support the obturator and projectile mass during the accelerating 

phase. The pusher is most liable to failing in shear due to the extreme pressure acting on it 

throughout and must be designed thick enough to withstand this.  

The usual materials for the pusher are either high strength steel or titanium alloy. Given that the 

metal is most likely to fail in shear stress, Mohrs circle theory was used to approximate that the 

yield shear stress 𝜏𝑥𝑦 using the yield stress 𝜎𝑥, resulting in Equation 7.20.  

 𝜏𝑥𝑦 =
𝜎𝑥

2
 (7.20) 

The sabot undergoes an impact force, whereby the force is experienced for a short amount of 

time. The pressure of the projectile on the sabot is 0.021GPa. The total pressure on the sabot is 

0.121GPa 
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However, when compared to naval guns, where metallic drivers are most commonly used, the 

acceleration is far smaller in this gun. It isn’t uncommon for acceleration of missiles to be 106 

(Elert), where a pusher of this structure would be required. According to Davidson, experimental 

data shows that guns using a gas loading pressure of ~0.7GPa have been successfully launched 

using just a Lexan driver. In this case, the pressure is ~0.121GPa and therefore a Lexan driver is 

possible. (Davison) Lexan has a density which is approximately ¼ of titanium alloy, just 1200kg. 

The driver release mechanism is the most straightforward of the 3 sections. Due to its extremely 

poor aerodynamic profile, the driver is separated due to drag. No extra measures are needed to be 

taken. 

The final design for the driver can be seen below in 7.26. The driver is there to support the petals 

once the obturator has been discard hence its relatively low thickness.  

 

Figure 7.26 Plan view of the sabot driver section 

The driver mass is 44kg.The driver is thinner in the centre due to the nozzle at the rear of the 

projectile. Previously it was mentioned that the sabot would have to support the fuel pressure. The 

fuel pressure reaches a maximum increase of 70MPa, which is easily support by this design.  

In order to save mass, the centre of the driver has been hollowed out and filled with a low density, 

blast impact resistant polyurethane foam. Since the sabot is discarded and not reusable, the foam 

only has to support the driver for a short people of time, with the initial pressure for experienced 

being the greatest. This is the reason for the foam choice. Polyurethane foams have a density of 

85kg/m3.  
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7.11.4 Finger petals 

The finger petals will also be made out of Lexan, due to its low density, cost and ductility. The 

finger petals are designed so that they support the projectile as it travels through the gun barrel, 

opposed to using the fins.  

In order to reduce the mass of the petals the outer centre section, nearest to the barrel wall, has 

been left hollow since this section of material has no use. The finger petals have been sized to 

support the projectile for 3m of its length, ensuring it travels straight throughout the in-bore 

section of flight. 

The release mechanism is similar to that used on many other sabot designs. The inward facing 

slope at the front of the petal force them outwards, detaching them from the projectile. Since there 

are 4 petals, symmetrically positioned arong the projectile with a 90o radius; the flight path should 

not be disrupted. As seen in Figure 7.27. 

 

Figure 7.27 Shadowgraph image showing symmetrical separation. 

The design for the petals must also account for the fins, with each petal housing one. The petals 

will be made so that they are able to support the fins in coping with the force of acceleration by 

allowing the fins to rest perfectly on them. Due to the separation technique there must be a section 

above the fins where the petals do not have contact with the projectile in order to have clean 

separation. The finished design can be seen in Figure 7.28 
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Figure 7.28 Sabot Finger Petals 3D CAD. 

Similar to that of the driver section, in order to save mass the centre of each petal has been 

hollowed and filled with a low density, blast impact resistant polyurethane foam. The petals each 

have a mass of 27Kg (22kg Lexan, 5kg polyurethane) 

7.11.5 Complete Sabot 

The sabot has a total mass of 90Kg. Figure 7.29 Shows the complete sabot design.  

 

Figure 7.29 CAD model of complete sabot 
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8 Recoil System 

The recoil system was implemented according to a set of performance criteria. Firstly, it should 

reduce the peak load on the foundations during firing. Also a balance must be found between the 

displacement of the recoiling body with respect to the dissipated energy, the ability to easily reset, 

and minimise damage to the surrounding environment. The following section describes concepts 

that were considered and the final design selection. 

8.1 Design Concept 1: Cantilever Springs with Passive Hydraulic Damper 

Multiple cantilever beams are attached to the base of the gun using pin joints to provide spring 

action during firing. The design is similar to a spider web. The recoil force is damped using a 

passive hydraulic damper. In this design, the entire gun recoils rather than an independent 

component. The motion of the gun is restricted to one degree of freedom using a set of guide rails 

with wheels mounted on the sides of the gun to facilitate low friction motion. Figure 8.1 shows 

sketches illustrating the design. 

The springs are preloaded by the weight of the gun, resulting in an equilibrium position. After the 

initial impulse from firing the system will return to the equilibrium position eliminating the need 

for a manual reset. The spring damper system would have to be critically damped to minimise the 

time to reach equilibrium. The critical damping coefficient is given by: 

Figure 8.1 Cantilever beams with support ring and pin connection to the base of the gun. 

Gun barrel Cantilever beam 

Pin joint 

Cantilever support 

ring 
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cc = 2√k m 

(8.1) 

Spring stiffness and sprung mass are represented by k and m respectively. For a cantilever beam: 

k =
3EI

L3   (8.2) 

Where, L is the cantilever length, I is the second moment of area, and E is Young’s modulus. If 

each spring member is identical, and nb is the number of beams, the stiffness of the system is: 

 

ksys = nb

3EI

L3
 (8.3) 

8.2 Design Concept 2: MR Fluid Damper System 

A magnetorheological (MR) fluid changes physical properties when a magnetic field is applied 

across it. It is typically composed of a powdered soft magnetic material suspended in oil. When 

the magnetic field is applied the particles orient themselves along the field lines and resist 

deformation. The stronger the magnetic field used the greater the resistance to deformation 

allowing one to control the damping force when used in a hydraulic buffer. A schematic is shown 

in Figure 8.2 which illustrates an MR fluid based damper. 

Figure 8.3 shows the effect of a magnetic flux applied across the MR channel (III in Figure 

8.2).The shear stress on the fluid is greatest at the wall boundaries. As already stated, applying a 

magnetic field increases the yield stress required for uninhibited flow. As a result the rate of flow 

the through the middle of the channel is limited. This is because the sheer stress exerted by the 

walls in that region is not high enough to overcome the MR fluid’s resistance, reducing the rate at 

which fluid can flow through the channel. The effect is analogous to having a variable aperture in 

a purely mechanical buffer, increasing the force required to maintain a given flow rate. 

Figure 8.2 MR damper (Li and Wang, 2012). 
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For an MR damper, the damping force output consists of three components (Li and Wang, 2012): 

 

FD = Fμ1 + Fμ2 + FMR (8.4) 

Where: 

 
Fμ1 =

8μLAp

π(r1
4−r2

4) +
(r1

2−r2
2)2

ln (
r1
r2

)

 V 
(8.5) 

 

Fμ2 =
Ap

3ρ

2CQ
2At

2  V2 (8.6) 

 

FMR =
2L0τy

h
Ap (8.7) 

 

Where, L is the piston length, Ap is piston area, r1 is the cylinder inner radius, r2 is the piston 

radius, V is piston velocity, μ is fluid viscosity, ρ is fluid density, At is the fluid channel area 

through which fluid moves from one side of the piston to the other, CQ is the flow coefficient, L0 

is the MR fluid channel length, τy is the yield strength of the fluid under magnetic field and h is 

the magnetic gap length.  The definition of CQ can be found in the Appendix. The proposed spring 

for restoring the system is identical to that proposed in Design 1. 

8.3 Design Concept 3: Magnetic Brake 

In this design, the recoil is transferred to a mass on a set of tracks. On the base of the mass is a set 

of electrically conductive fins. As the mass moves down the track the fins move into an array of 

electromagnets, which induce eddy currents across each fin, generating a magnetic field that 

Figure 8.3 Restriction of flow due to the application of a magnetic field (Berselli, Vertechy and Vassura, 2012). 
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exerts a force opposing the motion of the mass. This slows it down. The force exerted on a 

conductor moving through a magnetic field is defined in Equation 8.8.   

 

FB = σ S d [
μN

lg
] 2i2 v (8.8) 

Where, S is the surface area through which magnetic flux passes, d is conductor thickness, σ is the 

conducting material’s conductivity, μ is the permeability of air, I is the current supply and v is the 

relative velocity between the conductor and the magnetic field. 

At the end of the magnet array is a buffer to bring the mass to a final stop. An example of a buffer 

design is provided by Oleo International, as shown in Figure 8.4. 

The separator piston separates the gas which provides a spring action, from the oil reservoir. The 

damping is provided by the transfer of fluid between the oil chamber and reservoir. Oleo’s highest 

capacity buffer is the Type 730, and this can dissipate energies up to 1.68 MJ with a maximum 

permissible impact force of 700 kN (Oleo, 2015). This would be useable provided the magnetic 

brake can slow the mass down sufficiently to within the operating range. An illustration of the 

overall concept is provided in Figures 8.5 to 8.7. 

Figure 8.4 Buffer design by Oleo (Oleo, 2015). 
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Figure 8.6 shows a front view of the brake fin in the electromagnet during braking. Figure 8.7 

shows the ceramic stops that hold the mass in place before firing. These would be designed to fail 

under loading due to recoil to allow the mass to move down the slope. A safety factor of 1.2 for 

the dead state would be sufficient. 

36° 

Figure 8.5 Recoil system illustration showing the recoil mass, magnetic brake, and buffer. 

Figure 8.6 Simple illustration of the brake disk in the electromagnet. 

Figure 8.7 Recoil mass with ceramic brakes before firing. 



 

Author: Jamie Osei  56 

8.3.1 Comparison of the 3 Designs 

A comparison table (Table 8.1) was used to compare the three proposals using the following 

criteria: relative cost, conformity to requirements, ease of construction, and maintenance. 

Table 8.1 Design comparison table. 

Criterion Design 1 Design 2 Design 3 

Relative Cost 1 3 2 

Conformity to Requirements 1 2 2 

Ease of Construction 2 3 1 

Maintenance 2 2 1 

TOTAL 6 10 6 

Scores are allocated from 1 to 3, with 1 being the best and 3 the worst. To summarise Design 1 is 

the cheapest because of the simplicity of its components and the lack of electronics. Design 2 is 

more expensive than Design 3 although both require electrical power supplies and circuitry, the 

technology used in Design 3 is more proven for large rail and industrial applications and would 

likely require less prototyping and testing. 

Designs 2 and 3 received lower scores for conformity because they both provide variable control 

over the speed of the recoil mass. This criterion also considers whether the design provides 

functionality that is surplus to requirements. This is important since it is an additional cost to have 

the technology without gaining a return in terms of fulfilling specification. As stated in the 

requirements for the recoil system, the design only needs to be capable of ensuring the peak load 

on the foundation is significantly below its bearing capacity, rather than controlling it to a 

consistent value. With the passive system described in Design 1, if it is tuned to handle the 

maximum possible recoil from launching the heaviest possible payload, any other launch 

scenarios would not generate force beyond the system’s capability. 

Design 3 had the best constriction score due to its relatively small size and compactness compared 

to the other designs. Although Design 2 has more basic components, the erection of support 

structures for the cantilevers as well as additional supports for the base of the gun make assembly 

more challenging. Design 2 has the same challenges as Design 1, in addition to the installation of 

a power supply. 
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Maintenance is the biggest challenge for Design 1 due to material fatigue. Also, since the system 

depends on material deformation for spring action it is particularly vulnerable to the effects of 

warping over time due to temperature variation. Deformed spring members would need to be 

removed and replaced, which would require the use of cranes and other machinery and these 

would either have to be transported or kept on site, both at an additional cost. This also applies to 

Design 2.       

Overall Designs 1 and 3 have the best scores, however, Design 3 was chosen based on its 

compactness and lack of large scale supports structures. 

8.4 Magnetic Brake Design 

Simulink was used to determine the current required for a given brake geometry and winding 

number to reduce the recoil mass kinetic to within the energy absorbing capacity of the end stop 

buffer. Oleo provides a simulator for plotting the Force-Displacement curve of their range of 

buffers. Simulations were run using various impact velocities to determine the target velocity for 

the magnetic brake. This also took into account a minimum safety factor of 2 for the loading 

capacity of the buffer. The maximum capacity is 700 kN. This was done using a mass of 10000 

kg and a driving force, resulting from the gravitational force moving the mass down the slope 

which is parallel to the gun barrel which has an inclination of 36°. The driving force is 

represented by Equation 8.9: 

 Fd = mg sin 36° (8.9) 

This gives a driving force of 57.6 kN.  The pressure in the gun breech exerts force on the mass for 

0.071 s, after which the only force acting is its own weight. The velocity-time graph for the recoil 

mass with magnetic braking at different current inputs compared to having no braking is shown in 

Table 8.2. The following parameters were used for the brake: 
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Table 8.2 Parameters for Simulink model. 

Symbol Parameter Value 

σ Brake plate (Aluminium) conductivity  35000000 S/m 

S Magnetic flux area 0.5 m2 

d Brake plate thickness 0.2 m 

μo  Permeability of air 1.256 x 10-6 H/m 

N Number of windings 1000 

lg  Magnetic gap 0.005 m 

i Current [0; 2.5; 5; 7.5; 10] A 

 

The results for the magnetic brak simulation are shown in Figure 8.8. Without braking, velocity 

during recoil peaks at 182.5 m/s but with a DC current of 7.5A, this is reduced to 1.5 m/s. The 

buffer response to the impact of the mass at this speed is shown in Figure 8.9.  

 

Figure 8.8 Recoil mass velocity with no braking (yellow), and with current inputs of 2.5A, 5A, 7.5A, and 10A. 
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Figure 8.9 Force output plotted against buffer stroke. 

This shows a peak force of 321.5 kN, giving a safety factor of 2.18, which matches the target 

safety factor. The peak force is also significantly below the bearing capacity of the foundation, 

which is why the effect of recoil on its loading was ignored. 

8.4.1 The Heating of the Brake Plate 

During braking, the kinetic energy of the recoiling mass is converted to heat in the brake plate. 

The amount of energy converted can be calculated from the kinetic energy gained by the recoil 

mass without braking minus the kinetic energy with braking as shown in Equation 8.10. 

 

E =
1

2
m(vs0

2 − vsB
2) (8.10) 

Braking with a current of 7.5A gives a transfer of 166.5 MJ of energy. The plate is made of 

aluminium and has dimensions 2m x 0.5m x 0.2m. The temperature rise is given by Equation 

8.11: 

 

ΔT =
E

cpρV
 (8.11) 

Where, V is the volume of the plate, ρ is the material density and 𝑐𝑝 is the specific heat capacity 

of the material used. This gives a temperature rise of 343.7 K. Assuming an atmospheric 

temperature of 298.15 K, the plate temperature will rise to 641.85 K. Aluminium melts at 933.15 

K, which requires a rise of 645 K, giving a safety factor of 1.88.
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9 Location and Transport Logistics 

9.1 Launch Site 

As previously stated in the inception report, the main consideration for selecting the launch 

location were altitude and proximity to the equator. Launching at a higher altitude is advantageous 

to minimise the effect of drag on the projectile once launched due to lower air density. It can also 

be shown that average air density is lower close to the equator. Air density maps at various 

altitudes to support this claim can be found in the Appendix. This makes Mount Chimborazo an 

ideal choice, with an elevation of 6268 m and located at 1.4692° S, 78.8175° W. An image of the 

mountain is shown in Figure 9.1.  

 

Figure 9.1 Chimborazo (Mountains of Travel Photos, 2014). 

9.2 Transport 

The mountain has road access up to 4800m, with the town of Ambato an 82 km road journey 

away (Mountain Forecast, 2014). Figure 9.2 shows a general map of the area. A more detailed 

map showing roads up the mountain itself can be found in Figure 9.3. 
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Figure 9.2 Chimborazo and surrounding towns (Mountain-Forecast, 2014). 

This makes it easier to procure labour and transport supplies during construction. Transport 

provided beyond access provided by the existing road will be provided by cable car. Using cable 

cars provides several advantages over the construction of a road extension. Firstly, it negates the 

obstacle of uneven terrain, allowing a more direct route to site. Secondly, vehicles with 

combustion engines used at high altitude will suffer due to low oxygen supply, leading to 

incomplete fuel combustion. This would reduce the rate at which material could be transported to 

the site. High load cable cars are capable of bearing capacities of up to 5.2 tonnes (Table 

Mountain, 2015). An example of a mountain based cable system is shown in Figure 9.4. 

Cable car Firing direction 

Gun Base 
Figure 9.3 Map with mountain access road. 
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Figure 9.4 An example of a mountain cable way (Environmental Graffiti, 2014). 

The cost of the Genting Skyway in Malaysia was RM 125 million (£ 22.5 million as of 1st January 

2015) (Resorts World Genting, 2015). That system had a length of 3.4 km (Resorts World 

Genting, 2015). In comparison, the distance from the nearest road to the gun site is approximately 

3 km. If a similar cable way was constructed for this application, and it is assumed that cost is 

proportional to the travel distance required, the cost would be estimated to be £19.9 million. 

Assuming a gun mass of 18000 tonnes, a cable car will only be feasible for the transport of 

materials and smaller components. The Table Mountain Cable Way in South Africa for example, 

can carry up to 5.2 tonnes. Considering that most of the weight of the gun will be from the 

reinforced gun barrel sections, this alone will not be sufficient. For heavier components, a heavy 

transport helicopter is recommended. One example is the Russian made Mi-26, capable of a 

payload of up to 20 tonnes (Avia Russia, 2015). The cost of a Mi-26 can be up to £7.04 million at 

an exchange rate of $1=£0.64 and has a service life of 3000 flight hours (Avia Russia, 2015; 

Russian Helicopters, 2015).  
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10 Foundation Design and Barrel Support 

The average slope angle at the proposed launch sight is 16.7°. The gun will require a level surface 

to be mounted on, which can be achieved through excavation, as shown in Figure 10.1 below. 

 

Figure 10.1 Gun support configuration. 

One assumption that was made force the design process was that 50% of the gun’s weight was 

supported at the base, with the rest being carried by two support beams. Foundations can be 

classified as either shallow or deep. A shallow foundation can be described as having depth less 

than or equal to its width. A deep foundation was chosen in preference to a shallow one based on 

the assumption that the water table is significantly deep as to not affect soil stability. Another 

advantage over shallow foundations is that it minimises the surface area of the mountain which 

may be defaced during the construction process. This is important, considering the significance of 

Chimborazo as an Ecuadorian landmark. 

10.1  Excavation and Pile Insertion 

Rock excavation can be carried out either by drilling to the required depth or the use of 

explosives. Drilling is preferred to the use of explosives due to greater control of the dimensions 

of the resulting cavity. Although piles are typically driven directly into the ground to create deep 

foundations, this is not feasible due to rock typically present on mountain slopes. This problem 

can be overcome by driving a steel shell into cylindrical excavation, and filling it with concrete 

once it is at the required depth. 

The proposed foundation design applies this solution, and consists of piers inserted into 

excavations, with the top of each pier being connected to the others by the base of the gun which 

acts as a cap (Figures 10.2, and 10.3). 
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Several joining methods for securing the base of the gun to the piles have been considered. 

Brazing is commonly used for high strength metallic joints. It does however require a relatively 

controlled environment. This is to ensure that the bonded surfaces are clean enough for the joint 

alloy to properly bond with the surface of the component. In a construction environment, it can be 

argued exposure to dust and the formation of metal oxides on surfaces makes this difficult to 

control. This draw back can be mitigated by cleaning the mated surfaces with an acidic solution to 

dissolve any oxides formed. Dust particles will form a suspension with the cleaning agent (the 

acid), which can then be vacuumed out. The acidic solution would need be administered at high 

pressures to dislodge insoluble contaminants.  

Once the bonding process is completed, the top of each steel tube will be covered with a bolt on 

cap, to protect the joint from the environment. 

10.2 Foundation Bearing Capacity 

The bearing capacity (Qu) of a pile, pier, or caisson consists of two components: the bearing 

capacity of the soil at the base (Qp), and the friction of the soil along the length of the pile (Qs) 

(Cernica, 1995). 

 Qp = πR2(cNc + γLNq + γRNγ) (10.1) 

 Qu = Qp + Qs (10.2) 

 Qs = 2πRLf (10.3) 

𝑄𝑢 is the ultimate bearing capacity, 𝑄𝑝 is the end bearing capacity, 𝑄𝑠 is the side friction bearing 

capacity, 𝑁𝑐, 𝑁𝑞, and 𝑁𝛾 are bearing capacity factors, R is pile radius, L is pile length, γ is the unit 

weight of the surrounding soil, f is the friction per area acting on the pile, and c is soil cohesion. 

The bearing capacity factors are represented by the Equations 10.4 to 10.6. 

Figure 10.2 Underside of foundations. Figure 10.3 Side view of foundations. 
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𝑁𝑞 = 𝑒𝑡𝑎𝑛𝛷𝑡𝑎𝑛2(45˚ + (𝛷 2))⁄  (10.4) 

 

𝑁𝑐 = (𝑁𝑞 − 1)cot (𝛷) (10.5) 

 

𝑁𝛾 = 1.80(𝑁𝑞 − 1)tan (𝛷) (10.6) 

Φ  is the internal angle of friction of the soil. Groups of piles do however have lower bearing 

capacity than the sum of its members. This is due to overlapping pressure distributions between 

piles along their lengths (Figure 10.4), causing a drop in bearing efficiency.  

 

Figure 10.4 Pressure zones with groups of piles (Builder's Engineer, 2012). 

As shown in the above diagram the effect of overlapping pressure zones can be negated by 

increasing the spacing between piles. The actual bearing capacity at the base of the group of piles 

can be found using an equivalent footing of friction piles. For an arrangement of friction piles 

with a rows and b columns, the group bearing capacity is (Cernica, 1995) 

: 
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Qg = PgLf (10.7) 

 

where: Pg = 2s(a + b − 2) + 4D (10.8) 

D is pile diameter, 𝑃𝑔 is the group perimeter, and s is pile spacing. Group perimeter is illustrated 

in Figure 10.5. 

 

Figure 10.5: Effective perimeter of a group of piles (Builder's Engineer, 2012). 

The group bearing capacity provides the bearing efficiency of the foundation, defined as the group 

capacity divided by the sum of the friction capacities of all the piles, where n is the number of 

piles. 

 

Eg =
Qg

nQs
 (10.9) 

Qs can be multiplied by Eg and the number of piles n to give the total bearing capacity due to 

friction along the pile: 

 

QsT = nEgQs (10.10) 

The total bearing capacity at the base is the sum of the base bearing capacities of each pile. 
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QpT = nQp (10.11) 

The sum of the bearing capacity components gives: 

 
QuT =  QpT + QsT (10.12) 

10.3 Summary of Proposed Foundation Dimensions 

For the design, the internal soil friction angle was 30° with soil cohesion of 10 MPa. The 

proposed foundation consists of 4 piles arranged in a square, with a spacing of 10 metres. This 

spacing eliminates the effects of overlapping pressure zones. Each pile will have a length of 20 

metres, with diameters of 2 metres. This provides a bearing capacity of 3.9 GN, safety factor of 

44.4 for dead loading, which satisfies the minimum safety factor of 3 for foundation design 

(Craig, 1997). As shown in the recoil section, the peak recoil force is insignificant with respect to 

the foundation bearing capacity. Although the bearing capacity seems excessive, this was done to 

ensure the piles do dot fail under compression. Concrete has a compressive strength of 40 MPa. 

The stress per pile was calculated to be 7.03 MPa, bringing the true safety factor down to 5.69. 

10.3.1 Barrel Supports 

As shown in Figure 10.1, the gun barrel is supported by 2 support elements. Each one is a hollow 

tube of aluminium. Aluminium was chosen based on its tendency to form a protective oxide layer, 

protecting the structure from further corrosion. The required height of each beam was determined 

using trigonometry. Ignoring the outer diameter of the gun barrel, and with a launch angle of 36°, 

the beams must be 35.63 m for support 1 and 78.77 m for support 2. The required inner and outer 

radii were calculated using the failure criterion for buckling (Equation 10.13), and using a safety 

factor of 3. 

 

P = n
π2EI

L2
 (10.13) 

 

I =
π(ro

4 − ri
4)

4
 (10.14) 

P is the column load, E is the Young’s modulus of the material used, L is column height, and 𝑟𝑜 

and 𝑟𝑖 are the outer and inner column diameters respectively. The value n is a coefficient which 

depends on the manner of fixation of the axially loaded element. In this case both ends have fixed 

supports, giving a value of n = 4. 
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Figure 10.6 Coefficients for Euler's column formula (Engineering Toolbox, 2014). 

The same was done for material yielding under compression with a safety factor of 3. 

 
σy =

P

π(ro
2 − ri

2)
 

(10.15) 

This gives 2 equations and unknowns, allowing for a solution. It was determined that for support 

1, ro = 0.59 m and ri = 0.39 m; for support 2, ro = 1.10 m and ri = 1.07 m. 

In the design of the barrel supports, forced vibration due to hypersonic shocks during firing has 

been neglected. This is because the potential effects of shocks were not included into the gun 

design, and can therefore not be quantified. A support structure that did take this into account 

could be a spring-damper suspension system using a gas springs and hydraulic dampers as 

sketched below in Figure 10.7: 

 

 

 

 

 

 

 

 



Author: Jamie Osei  69  

 

 

 

 

  

 

 

 

 

 

 

The nozzle of the gun barrel would be fixed with four magnets, which will repel another set of 

magnets which will be coupled with a spring and damper. The springs and dampers would be 

arranged perpendicular to the gun’s axis, allowing maximum restoring force and damping for any 

given deflection. Magnets are proposed as an alternative to a mechanical linkage connecting the 

barrel to the suspension system to allow force to be transmitted to the barrel regardless of the 

vector of deflection. This is facilitated by ensuring that the magnets on the gun are of a larger 

surface area than the spring magnets. This allows a repulsive force to be maintained even if the 

angle of deflection causes a misalignment of the centres of the two surfaces.

Figure 10.7 Suspension system using magnetic contacts. 
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11 Modelling and Simulation of Space Launch Vehicle Dynamics 

The flight dynamics of a vehicle describe its motions through air or space. These motions are in 

three dimensions and are adequately calculated using Newton’s and Euler’s laws. A space launch 

vehicle (SLV) experiences six degrees of freedom (DoF). These consist of three translational 

degrees that describe the trajectory and three attitude degrees which describe the orientation of the 

vehicle. If the centre of mass of the vehicle is used as a reference point, the translational and 

attitude motions can be considered separately. Newton’s second law describes the translational 

dynamics while Euler’s law controls the attitude. Both of these must be referenced to an inertial 

reference frame which includes their time derivatives along with linear and angular momenta.  

The flight dynamics are modelled in an invariant form under time dependant coordinate systems. 

To achieve this the rotational time derivative is used to suppress additional terms introduced by 

time-dependent coordinate transformations. The equations of motion are then formed in an 

invariant tensor form, independent of coordinate system.  

In this section the development of a three DoF model in Matlab for simulating the flight path of a 

projectile fired from a supergun is described. Firstly, the different coordinate systems used are 

introduced and the transformations to switch between them are shown. An overview of the model 

is illustrated in a block diagram, then each simulation module in the system is explained in the 

subsequent sections. Results of simulations for different flight parameters are then compared. 

11.1 Frames and Coordinate Systems 

Coordinate systems are an important element of aerospace vehicle dynamics which establish the 

association with Euclidean space. They structure Euclidean space into application-specific 

associations, clarify directionality and present numerical solutions. These should not be confused 

with frames, which are models of physical references and can be defined as an unbounded 

continuous set of points with invariant distances over the Euclidean three dimensional space 

which contains at least three non-collinear points (Zipfel, 2007). 

In this subsection the frames of reference used in the three DoF model are introduced along with 

the different coordinate systems. The coordinate systems include the Earth-centre inertial (ECI), 

Earth-centred Earth-fixed (ECEF), geodetic and flight path which are discussed and 

transformations between them are presented. 

11.1.1 Earth-Centred Inertial (J2000) Frame and Coordinate System 

The ECI frame has its base point I at the centre of mass of the Earth as shown in Figure 11.1 with 

its orientation fixed in the ecliptic. Its orientation is described by the base vectors 𝑖1, 𝑖2 and 𝑖3. It is 

called inertial because as the Earth rotates the ECI frame remains fixed. 
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To define the base vectors, imagine the path of the sun around the Earth in the ECI reference 

frame. It will follow the ‘Ecliptic Plane’ shown in Figure 11.1 and intersect the equator at two 

points. The direction of the first base vector 𝑖1 is aligned with the intersection where the sun 

crosses the equator in spring. The Earth’s rotation axis acts as the direction and sense for base 

vector 𝑖3 and 𝑖2 completes the right-hand triad.  

The ECI coordinate system (denoted by, ]𝐼) is the preferred choice for the ECI frame triad 𝑖1, 𝑖2 

and 𝑖3. The coordinate system does not move with the Earth around its spin axis and therefore the 

coordinates of a fixed point on the Earth’s surface will change with respect to the time of day. 

11.1.2 Earth-Centred Earth-Fixed Frame and Coordinate System 

The ECEF frame also has its base point E at the centre of the Earth and its orientation is described 

by the base vectors 𝑒1, 𝑒2 and 𝑒3 as shown in Figure 11.2. The frame rotates in inertial space so 

that it remains fixed with respect to the surface of the Earth.  

 

 

 

 

 

 

The prime meridian, which passes through the Royal Observatory at Greenwich is of importance, 

as its intersection point with the equator defines the direction of the first base vector 𝑒1. The 

Earth’s axis of rotation forms the direction and sense for the third base vector 𝑒3 and the second 

base vector 𝑒2 completes the triad. 

Figure 11.1 Earth-centred inertial reference frame (Zipfel, 2007, p.59). 

Figure 11.2 Earth-centred Earth-fixed reference frame (Zipfel, 2007, p.60). 
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The ECEF coordinate system (denoted by, ]𝐸) is preferred for the ECEF frame triad 𝑒1, 𝑒2 and 𝑒3. 

The coordinate system rotates with the Earth around its spin axis and as such, a fixed point on the 

Earth’s surface has a fixed set of coordinates. 

11.1.3 Geodetic Coordinate System 

The geodetic coordinate system characterises a coordinate point near the Earth’s surface in terms 

of latitude, longitude and altitude, which are denoted by 𝜆, 𝑙 and 𝑟 repesctively. This is shown in 

Figure 11.3 with respect to the ECEF reference frame shown by the blue axis. The longitude 

measures the rotational angle between the prime meridian and the measured point in the range 

from −180° to 180°. The latitude measures the angle between the equatorial plane and the normal 

of the reference ellipsoid that passes through the measured point in the range −90° to 90°. The 

altitude is the distance between the centre of the Earth and the measured point. 

 

 

 

 

 

11.1.4 Flight-Path Coordinate System 

The flight-path coordinate system (denoted by, ]𝑉) provides a neat intermediary system when 

transforming the velocity of a vehicle into the geodetic coordinate system. The velocity vector 𝑣𝐵
𝐸 

of vehicle B with respect to frame E travelling at velocity V can be expressed in the flight path 

coordinate system as [�̅�𝐵
𝐸]𝑉 = [𝑉 0 0]. 

 

 

 

 

11.2 Coordinate Transformations 

Coordinate systems are related by coordinate transformation matrices, which re-evaluate the 

coordinates of a tensor. The transformation relationships among the adopted coordinate systems 

for the three DoF model are introduced in this section.  

Figure 11.3 Geodetic coordinate system with respect to ECEF system (Cai, Chen and Lee, 2011, p.24). 

Figure 11.4 – Point mass B with velocity vector v (left) and aircraft with centre of mass B and base 

vectors 𝒃𝟏, 𝒃𝟐 and 𝒃𝟑 acting through the nose cone, along the right wing and out the floor of the vehicle 

respectively (right) (Zipfel, 2007, p.60). 

 B 

  V 
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11.2.1 Geodetic and ECEF Coordinate Systems 

To transform between the geodetic coordinate system (denoted by ]𝐺) and the ECEF system 

(denoted by ]𝐸) the transformation matrix shown in Equation 11.1 is used. Consider point B with 

respect to point I (centre of the Earth) in the geodetic coordinate system. It is positioned at 

latitude 𝜆 and longitude 𝑙 and is represented by the displacement vector [𝑠𝐵𝐼̅̅ ̅̅ ]𝐺 =

[0 0 − (𝑅𝐸 + ℎ)]. Multiplying this with the transpose of the transformation matrix re-labels 

the coordinates of the vector in the ECEF system [𝑠𝐵𝐼]𝐸 = [�̅�]𝐺𝐸[𝑠𝐵𝐼]𝐺. Both of the coordinate 

systems are illustrated in Figure 11.3, which helps to envisage the transformation occurring. 

 
[𝑇]𝐺𝐸 = [

−sin 𝜆 cos 𝑙 − sin 𝜆 sin 𝑙 cos 𝜆
− sin 𝑙 cos 𝑙 0

−cos 𝜆 cos 𝑙 −cos 𝜆 sin 𝑙 − sin 𝜆
] 

(11.1) 

11.2.2 ECEF and ECI Coordinate Systems 

 

 

 

 

 

 

To relate the ECEF coordinates to the ECI coordinates the rotation of the Earth must be 

considered. The Earth presents the same face to the sun every 24 hours and this is known as the 

solar day. However, a full rotation of the Earth relative to the stars is 4 minutes shorter and this is 

called the sidereal day. The solar day is longer as this is the rotation of the Earth on the ecliptic 

which means it has further to rotate. For the purposes of the three DoF model of a SLV the 

sidereal time elapsed provides the relationship between the 1𝐸 and 1𝐼 axis required as shown in 

Figure 11.5 and this is measured in angular form. It is called the Greenwich hour angle (GHA) Ξ 

and it establishes the position of the Greenwich meridian relative to the meridian of the vernal 

equinox. The transformation matrix developed using the GHA is obtained through inspection and 

is shown in Equation 11.2. The calculation of the GHA is not covered in this report but a detailed 

explanation is provided by Miller (2005). 

 
[𝑇]𝐸𝐼 = [

cos Ξ sin Ξ 0
− sin Ξ cos Ξ 0

0 0 1
] 

(11.2) 

Figure 11.5 ECEF and ECI coordinate systems (Zipfel, 2007, p.71). 
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11.2.3 Flight-Path and Geodetic Coordinate Systems 

 

 

 

 

 

The flight-path coordinate system (denoted by ]𝑉) is shown with respect to the geodetic system 

(denoted by ]𝐺) in Figure 11.6. The intermediary ]𝑋 system is also included, as it is used to derive 

the transformation matrix between the two systems as explained by Zipfel (2000, p.80). To 

transform from the flight-path coordinate system to the geodetic coordinate system both the 

heading angle 𝜒 and the flight-path angle 𝛾 of the vehicle must be considered relative to the 1𝑉 

axis which is parallel and in the direction of 𝑣𝐵
𝐸 as explained in Section 11.1.4. The heading angle 

is measured from North to the projection of 𝑣𝐵
𝐸 into the local tangent plane and the flight-path 

angle takes us vertically up to 𝑣𝐵
𝐸. The transformation matrix is shown in Equation 11.3. 

 
[𝑇]𝑉𝐺 = [

cos 𝛾 cos 𝜒 cos 𝛾 sin 𝜒 − sin 𝛾
− sin 𝜒 cos 𝜒 0

sin 𝛾 cos 𝜒 sin 𝛾 sin 𝜒 cos 𝛾
] 

(11.3) 

11.3 Three Degrees of Freedom Simulation 

Three DoF point mass models are often used for preliminary trajectory studies of rockets, missiles 

and aircraft. They present a quick method to calculate time histories of key flight parameters. As 

stated by Zipfel (2007, p.259), in preliminary design when only approximate aerodynamics and 

propulsion data is known three DoF simulations can provide very useful initial performance 

estimates. Only the translational degrees of freedom are considered in a three DoF simulation. To 

analyse the attitude motions of the vehicle as well as the translational, a six DoF simulation is 

required but at the initial design stages these are of much less interest than the trajectory of the 

vehicle’s centre of mass. A more complex six DoF simulation can then be implemented further 

into the design process if the concept proves feasible. 

A three DoF model was developed in Matlab as part of this project to simulate the flight trajectory 

of a projectile fired from a supergun. A block diagram of the simulation modules is shown in 

Figure 11.7 and this presents an overview of the implemented system. The code was developed 

using Zipfel’s (2000, ch.8) chapter on ‘Three Degrees of Freedom Simulation’ as a guide and the 

model was then adapted for a supergun launch. By developing a model the different trade-offs 

Figure 11.6 Flight-path coordinate system with respect to the geodetic system (Zipfel, 2007, p.80). 
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between launch/flight parameters could be identified and optimised. In this subsection the 

equations of motions upon which the model was developed are presented. Then each of the 

simulation modules in Figure 11.7 are broken down and explained. 

 

 

 

 

 

11.3.1 Cartesian Equations of Motion 

Newton’s second law in an invariant tensor form is expressed in Equation 11.4 (Zipfel, 2007, 

p.144) and from this the equations of motion are derived for the three DoF model. The derivation 

of the Cartesian approach is straightforward but many of the intermediary steps are skipped in this 

section. Please refer to Appendix A for the full derivation.  

 

𝑚𝐵
𝑑𝑣𝐵

𝐼

𝑑𝑡
= 𝑓 (11.4) 

The force on the right-hand side is expanded to include the aerodynamic and propulsive forces 

𝑓𝑎,𝑝 along with the weight 𝑚𝑔. On the left-hand side is the rotational derivative relative to the ECI 

frame of the velocity 𝑣𝐵
𝐼  of vehicle with centre of mass B with respect to the ECI frame. By 

switching the coordinate systems of the force vector and gravitational acceleration, the differential 

equations to be solved for the inertial velocity components and position coordinates are shown in 

Equations 11.5 and 11.6 (Zipfel, 2007, p.261) respectively.  

 

[
𝑑𝑣𝐵

𝐼

𝑑𝑡
]

𝐼

= [𝑇]𝐼𝐺 ( 
1

𝑚
[𝑇]𝐺𝑉[𝑓𝑎,𝑝]

𝑉
+ [𝑔]𝐺  ) (11.5) 

 
[
𝑑𝑠𝐵𝐼

𝑑𝑡
]

𝐼

= [𝑣𝐵
𝐼 ]𝐼 (11.6) 

The ECEF frame rotates with angular velocity 𝜔𝐸𝐼 and therefore to switch from the ECI to ECEF 

coordinate system this must be taken into account. The relationship between the inertial and Earth 

fixed velocities is shown in Equation 11.7 (Zipfel, 2007, p.261). For the full derivation please 

refer to Appendix B. 

 
𝑣𝐵

𝐼 = 𝑣𝐵
𝐸 + 𝛺𝐸𝐼𝑠𝐵𝐼 (11.7) 

A3	
Forces		

D1	
Newton	

A1	
Aerodynamics	

A2	
Propulsion	

G1	
Geophysics	

Control	
Inputs	

Figure 11.7 Block diagram of the simulator modules. 



Author: Toby Chipperfield   76 

By substituting vectors [𝑣𝐵
𝐼 ]𝐼 and [𝑠𝐵𝐼]𝐼 into Equation 11.7 and manipulating it as shown in 

Equation 11.8 the velocity can be found with respect to the ECEF frame from the ECI. The 

distance from the vehicle body B to the centre of the Earth I can be switched between the ECI and 

ECEF coordinate frames using the transformation matrix as shown in Equation 11.9. 

 [𝑣𝐵
𝐸]𝐸 = [𝑇]𝐸𝐼( [𝑣𝐵

𝐼 ]𝐼 − [𝛺𝐸𝐼]𝐼[𝑠𝐵𝐼]𝐼 ) 
(11.8) 

 [𝑠𝐵𝐼]𝐸 = [𝑇]𝐸𝐼[𝑠𝐵𝐼]𝐼 
(11.9) 

11.3.2 Geophysics 

The Earth’s atmosphere has important attributes including density, temperature and pressure that 

all have an effect on the trajectory of a SLV. The air density determines the aerodynamic forces 

and the temperature is linked to the speed of sound. The G1 (geophysics) simulation module finds 

the density, temperature and gravitational acceleration at a specified latitude, longitude and 

altitude as shown in Figure 11.8. It also updates the Greenwich hour angle, which changes with 

respect to the sidereal time as explained in Section 11.2.2. 

 

 

 

 

 

The empirical global MSIS-E-00 (Mass Spectrometer — Incoherent Scatter) model of the Earth’s 

atmosphere from ground to space is used to extract the density and temperature data required for 

the three DoF model. It is based on the work of Alan Hedin and collaborators (Hedin, 1987) with 

the MSIS-E-00 model released in 2000 being the standard for international space research 

(Picone, et al., 2003). 

The barycentric gravitational acceleration at a point in space is given by the equation for [𝑔]𝐺 in 

Figure 11.8.  Where 𝑟3 = |𝑠𝐵𝐼|3, which is the distance of the vehicle B from the centre of the 

Earth cubed (Zipfel, 2007, p.268). The product of Earth’s gravitational constant 𝐺 and the Earth’s 

mass 𝑀𝐸 is 3.986005 × 1014 m3/s2 (Zipfel, 2007, p.268). 

Figure 11.8 Geophysics simulation module. 
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11.3.3 Aerodynamics 

The A1 simulation module calculates the aerodynamic forces acting on the projectile as shown in 

Figure 11.9. The drag and lift coefficients 𝐶𝐷 and 𝐶𝐿 respectively are critical in determining the 

drag and lift forces. The lift coefficient, which is a function of the angle of attack 𝛼 of the 

projectile was assumed to be zero 𝐶𝐿 = 0 as the on-board thruster control system is designed to 

adjust the projectile’s pitch to set 𝛼 = 0. The drag coefficient was calculated for the selected nose 

cone design discussed in Section 23.2 and was found to be 𝐶𝐷 = 0.01628 and this was assumed 

to be constant throughout flight.  

 

 

 

 

 

 

In reality there would a small percentage change in the drag coefficient over the course of a flight 

with respect to the Mach number and lift coefficient. However, at this early stage in the 

development it was assumed to be small enough to ignore. The lift coefficient would also change 

by a small amount during flight even with a control system in place, as there would be delays in 

the feedback and low Mach numbers can amplify small changes. As with the drag coefficient 

these effects were assumed negligible at this stage but they will require more consideration later 

in the design process. 

11.3.4 Propulsion 

The A2 simulation module calculates the propulsive forces acting on the projectile using the 

equations shown in Figure 11.10. The propulsive force is equal to zero until the projectile’s rocket 

booster is fired, which creates a thrust force 𝐹𝑇 and then mass of the projectile reduces as the 

propellant is burned. Once all of the propellant has been burnt the propulsive force returns to zero.  

 

 

 

 

Figure 11.9 Aerodynamics simulation module. 

Figure 11.10 Propulsion simulation module. 
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11.3.5 Forces 

 

 

 

 

 

 

The aerodynamic and propulsive forces output from the simulation modules A1 and A2 are input 

to the forces module as shown in Figure 11.11. The specific force vector [𝑓𝑠𝑝]
𝑉

 is then found in 

the flight-path coordinate system and passed into the Newton simulation module. The two control 

inputs are the angle of attack 𝛼 and bank angle 𝜙 which are used to find the specific force 

components acting along each axis in the flight-path coordinate system. 

11.3.6 Newton 

The Newton simulation module solves the Cartesian equations of motion derived in Section 

11.3.1. The interpretation of these equations is fairly difficult hence it is easier to work with 

geodetic variables at the input and output. The ECI and ECEF coordinates are also passed to the 

output so that the flight path can be plotted over the Earth. To work with geodetic variables at the 

input the code must transform the geodetic speed |𝑣𝐵
𝐸|, heading angle 𝜒, flight-path angle 𝛾, 

Figure 11.11 Forces simulation module. 

Figure 11.12 Calculating the trajectory parameters in the Newton simulation module. 
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longitude 𝑙, latitude 𝜆, and altitude ℎ into ECI position [𝑠𝐵𝐼]𝐼 and velocity [𝑣𝐵
𝐼 ]𝐼. The conversion 

process is shown with the equations of motion in Figure 11.12. 

The equations of motion were integrated in Matlab using the built in ODE45 function. Two 

different types of subroutine are used in Figure 11.12. Firstly, MATxxx, which switches the 

inputs to xxx format. This can take the following forms: CAR (Cartesian)/POL (Polar) coordinate 

system or 2TR which forms a transformation matrix from the provided angles. The second 

subroutine CADxxx performs the following operations, CADTEI produces [𝑇]𝐸𝐼, CADTGE 

calculates the transformation matrix [T]GE and CADSPH is the inverse transaction. 

With all of the simulation modules analysed the three DoF model is ready for simulation. The 

block diagram of the system in Figure 11.7 illustrates the main sequence implemented in the 

Matlab script which is set to run over a specified time period. In the following subsections the 

world record altitude flight achieved by project HARP is reproduced and then simulations of a 

rocket boosted projectile fired from a supergun are run and analysed. 

11.4 Simulation of Project HARP Projectile Flight 

To test the three DoF model was working, a simulation was set up to reproduce the flight of a 

projectile launched during project HARP testing in November 1966. The projectile was a Martlet 

2C and it was fired from a 16-inch naval gun in Barbados shown in Figure 11.13. It reached a 

peak altitude of 143 km (Murphy and Bull, 1966, p.20) which is close to the world record altitude 

of 180 km. The world record flight was then simulated using the launch parameters stated by 

Wullenjohn (2013). 

 

 

 

 

 

 

 

 

 

The 16-inch naval gun was located at Seawell airport in Barbados, which is 52 m above sea level 

at a longitude 𝑙 = −59.5° and latitude 𝜆 = 13.1°. The gun parameters are listed in Table 11.1, 

Figure 11.13 Matrlet 2C projectile (left) and 16-

inch naval gun (right) (Graf, n.d.). 
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where they have been referenced from Murphy and Bull’s (1966) review of project HARP. A 

charge powder of web M8 propellant was designed to yield a pressure of 330 MPa and a muzzle 

velocity in excess of 1850 m/s. By sealing the muzzle with a mylar sheet and evacuating the bore 

to a tenth of an atmosphere the muzzle velocity was increased to a maximum of 1905 m/s. 

Table 11.1 16-inch naval gun parameters (Murphy and Bull, 1966, p.20). 

Barrel Length 36.4 m 

Bore Diameter 0.41 m 

Launch Angle (from horizontal) 85° 

Heading Angle (from north) 90° (east) 

Muzzle Velocity 1905 m/s 

 

The Martlet 2C projectile’s parameters were also specified in Murphy and Bull’s (1966) review of 

project HARP. These are listed in Table 11.2 but the drag and lift coefficient of the projectile 

were not provided to the public in any of the released project HARP literature. So approximate 

ranges for the values were selected according to the shape of the nose cone and size of the 

projectile. The range of values for the drag and lift coefficient respectively, are 0.1 to 0.2 and 0 to 

0.3 and the exact values used in the simulation are listed in Table 11.2. A change in these values 

within the provided range has only a small impact of ±10 km on the peak altitude reached by the 

projectile. 

Table 11.2 Martlet 2C projectile parameters (Murphy and Bull, 1966, p.20). 

Body Length 1.37 m 

Body Diameter (max.) 0.14 m 

Fin Span (max.) 0.29 m 

Projectile Mass 83.9 kg 

Sabot Mass 103.9 kg 

Drag Coefficient 0.15 

Lift Coefficient 0 

 

The simulation results using the three DoF model to reproduce the November 1966 projectile 

flight are shown in Figure 11.14. The model of the flight path over the Earth is shown in the left 

image along with a zoomed in shot of the flight path and a graph of the altitude and velocity of the 

projectile with respect to time is shown on the right. 
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The launch site is slightly pixelated in the left image due to the size of Barbados with respect to 

the resolution of the model of the Earth. The flight statistics show the projectile reached a peak 

altitude of ~150 km before landing 3.5 km away from its launch location in the North Atlantic 

Ocean. This is very close to the altitude of 143 km achieved by the November 1966 project HARP 

projectile flight, which is very encouraging. The results indicate that the three DoF model is 

working correctly but there is a degree of uncertainty with the results due to the estimate made for 

the drag coefficient value. 

As a result of the successful performance of the Barbados 16-inch naval gun, a second 16-inch 

naval gun was located at Yuma Proving Ground (32.9° N; 114.3° W) during project HARP. This 

placed an 84 kg Martlet 2C projectile at a peak altitude of 180 km exceeding that of the Barbados 

gun. This improved performance was put down to an improved ignition system which was 

developed in October 1966 (Murphy and Bull, 1968). Instead of igniting the bottom of a long 

stack of powder bags loaded into the gun's breech, the HARP gun ignited the charge at five 

separate points so the entire charge would ignite simultaneously (Wullenjohn, 2013). This 

Figure 11.15 The flight path of the projectile is shown with respect to a model of the Earth (left) and a graph of the 

altitude and velocity of the projectile over the course of the flight (right). 

Figure 11.14 The flight path of the projectile is shown with respect to a model of the Earth (left) and a graph of the 

altitude and velocity of the projectile over the course of the flight (right). 
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generated an improved muzzle velocity of 2073 m/s and a simulation of the projectiles flight was 

performed with the heading angle in a westerly direction. Apart from the muzzle velocity and 

heading angle all of the parameters remained unchanged including the Martlet 2C projectile. The 

results of the simulation are shown in Figure 11.15. 

The simulation results show that the Martlet 2C projectile reached a peak altitude of 180 km 

which matched the world record altitude flight recorded by project HARP in October 1966. The 

projectile was fired in a westerly direction and as a result the Coriolis force its horizontal velocity 

was reduced by 465 m/s. This meant that the projectile landed close to the firing site (within 30 

km in the simulation) so that it could be easily recovered and reused in future launches. 

According to Wullenjohn (2013), the Martlet 2C projectile from project HARPs world record 

altitude flight was recovered on the proving ground 30 miles from where it was shot.  

11.5 Simulation of a Supergun Launched Rocket Boosted Projectiles Flight 

Path into Orbit 

A supergun is not presently capable of launching a payload 

directly into orbit. This is mainly due to the high drag force in the 

dense lower atmosphere of the Earth rather than any limitations on 

the maximum achievable muzzle velocity of a supergun. 

Therefore the supergun acts as a preliminary stage for a SLV 

which can be thought of as an alternative to the first stage rocket 

in a rocket launch. Once the projectile exits Earth’s lower 

atmosphere a rocket booster is ignited which provides the 

additional delta-v required for the projectile to reach an orbital 

velocity of 7.7 km/s for a 400 km orbit altitude. A flow chart 

illustrating these three main stages is shown in Figure 11.16. The 

three DoF model is broken down into these three stages during 

simulation to improve the readability of the results.  

The launch and flight parameter optimiser described in Section 13 was used to find parameters for 

a target orbit altitude of 400km orbit for a 4kg payload. The payload is a Planet Labs “Dove” 

satellite, which acts like a line scanner during orbit taking regular images of the Earth (Planet 

Labs Website, 2015). The three DoF model was used to simulate the projectiles flight from the 

supergun into orbit and in the following subsections the three main stages of the flight are 

illustrated and analysed. The launch and flight parameters used in the simulation are listed in 

Table 11.3 and the rocket booster parameters are listed separately in Section 14.5. 

 

Stage 1 

Supergun Launch 

Start 

End 

Stage 2 

Rocket Boost 

Stage 3 

Payload Release 

Figure 11.16 Main stages in a 

projectiles flight. 
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Table 11.3 Launch and flight parameters for the simulation of a Dove satellite payload launch. 

Muzzle Velocity 5.5 km/s 

Heading Angle -30° (north-west) 

Flight Path Angle 26.7° 

Projectile Wet Mass 338.5 kg 

Projectile Diameter (max.) 0.6 m 

Drag Coefficient 0.01628 

Lift Coefficient 0 

11.5.1 Stage 1: Supergun Launched Projectile Flight 

The supergun launch was simulated from Mount Chimborazo in Ecuador (1.47° S; 78.8° W) at an 

altitude of 4500 m above sea level. The flight path of the projectile during stage 1 of the launch is 

shown in the right-and image of Figure 11.17, which is a distant shot of the Earth. The left-hand 

side image shows a close up shot of the flight path from a position behind the launch site. The 

graphs in Figure 11.18 show how the altitude, velocity and flight path angle of the projectile 

changed over the 305 seconds duration of the first stage. 

The rocket booster is not ignited until the projectile has reached the top of its gravity turn, which 

is indicated by the flight path angle approaching 0°. If the rocket booster were fired too early the 

projectile would continue onto a much higher altitude before re-entering into the Earth’s 

Figure 11.17 Stage 1 of the simulated flight of the projectile is displayed on a model Earth from two different perspective views. 
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 Figure 11.18 The altitude and velocity of the projectile is displayed with respect to time for stage 1 of the flight (left) 

and the flight path angle is also graphed with respect to time (right). 
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atmosphere. During stage 1 the velocity of the projectile reduces by 0.5 km/s in the first 10 

seconds of the flight because of the dense lower atmosphere of the Earth. The velocity then 

approximately reduces linearly for the next 300 seconds to ~4.25 km/s at which point an altitude 

of ~400km has been reached. As the velocity linearly decreases the projectile gradually turns as 

shown by the flight path angle in Figure 11.18. At the end of stage 1 the projectile is almost 

parallel to the surface of the Earth with a flight path angle of ~5°, which is the ideal time to fire 

the rocket booster as all of the additional delta-v will act in this direction increasing the projectile 

to an orbital velocity without climbing to a higher altitude. 

11.5.2 Stage 2: Rocket Boosted Projectile Flight 

The second stage of the simulation is shown modelled with respect to the Earth in Figure 11.19. 

The ignition of the rocket booster is indicated and the yellow lines are both displacement vectors, 

which run from the centre of the Earth to a position in the flight path of the projectile. The end of 

stage 2 is indicated where the projectile’s rocket booster has emptied as it is about to pass over 

Mexico. The graphs in Figure 11.20 show how the altitude, velocity and flight path angle of the 

projectile changed over the 100 seconds duration of rocket boosted flight. 

 

 

 

 

 

 

The rocket booster increases the velocity of the projectile from ~4.25 km/s to ~8km/s over the 100 

seconds period in which it is fired. As the 185 kg of propellant is burned the mass of the projectile 

Figure 11.19 Stage 2 of the simulation models the rocket boosted flight path of the projectile and this is illustrated 

on a model Earth. 
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Figure 11.20 The altitude and velocity of the projectile is displayed with respect to time for stage 2 of the flight (left) 

and the flight path angle is also graphed with respect to time (right). 
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linearly decreases to 154 kg at the end of the stage. The projectile’s altitude steadies as it reaches 

the peak of the gravity turn and settles at the target orbit altitude of 400 km towards the end of the 

stage. A clear relationship between the altitude and flight path angle can be seen in the left and 

right graphs of Figure 11.20. The flight path angle and altitude have both almost reached constant 

values of ~400 km and ~0° respectively and the velocity of the projectile is acting in a direction 

parallel to the Earth’s surface. At the end of the stage the velocity is in excess of the 7.7 km/s 

required to maintain an orbit at that altitude and hence the payload can now be released. 

11.5.3 Stage 3: Payload Release from the Projectile 

Stage 3 of the simulation models the flight of the projectile for a further 20 seconds after the 

rocket booster has burnt out. This is illustrated in Figure 11.21, which includes all three stages of 

the projectile’s flight. The velocity of the payload is 7.904 km/s at release and altitude is 400.129 

km. 

 

 

 

 

 

 

 

 

The results from the three DoF model are encouraging and show that a rocket-boosted projectile 

fired from a supergun can reach and maintain an orbit. The next section in the report analyses the 

orbital parameters and ground track covered by the payload. Further simulations were run for 

different orbit altitudes and payload masses with the launch velocity kept constant at 5.5 km/s. 

However, these were not included as the increased projectile mass due to the larger payload and 

additional rocket propellant was too heavy for the supergun to accelerate to the 5.5 km/s required 

to reach and maintain an orbit. 

Figure 11.21 Stage 3 of the simulation models the flight path of the projectile from end of the rocket booster to 

payload release. 
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12 Orbital Simulation after Payload Release 

The projectile was fired in a north-westerly direction from Ecuador so that the payload would be 

released into a near-polar orbit at an altitude of 400 km. A polar orbit is where a satellite passes 

above both poles of the body being orbited on each revolution. One special type of near-polar 

orbit is the sun-synchronous orbit where each orbital pass of the satellite occurs at the same local 

time of day and an illustration is shown in Figure 12.1. 

 

 

 

 

The orbit of the payload was simulated for ten revolutions after release from the projectile to 

check the eccentricity and other key parameters of the orbit. This was modelled in the ECI 

coordinate system as during simulation the orbital path does not rotate with the Earth making it 

much easier to analyse. Before analysing the results from the simulation a few key orbital 

parameters shown in Figure 12.2 must be defined.  

  

 

 

 

 

The first two orbital elements, the length of the semi major axis 𝑎 and eccentricity 𝑒 

comprehensively describe ellipses of all shapes and sizes. The inclination 𝐼 is the angle between 

the orbital plane and the equatorial plane and the right ascension of ascending node 𝛺 is the angle 

between the vernal equinox and the ascending node 𝐴𝑁. The orientation of the ellipse on the 

orbital plane is defined with the angle of perigee 𝜔, the angle between the line connecting the 

Earth and the Ascending node to the point of Perigee.  

The orbit of the Planet Labs Dove satellite launched in Section 11.5 was simulated through ten 

revolutions. A model of the satellite’s orbital path around the Earth is plotted and a ground track 

of where the satellite passed over the Earth’s surface during the orbit are shown in the left and 

right plots of Figure 12.3. The key statistics and the orbital elements are in Table 12.1. 

Figure 12.1 An illustration of a sun-synchronous orbit which crosses over the equator at approximately the same local 

time each day (Earth Observatory, n.d.). 

Figure 12.2 An illustration of the key parameters used to define an orbit. 
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Table 12.1 List of the orbital elements for the obit of the Dove satellite launched from a supergun. 

Orbital period 1 hour 32 minutes 

Altitude low 369 km 

Altitude high 435 km 

Eccentricity, 𝒆 0.0049 

Inclination, 𝑰 117.4° 

Right ascension of ascending node, 𝜴 281.1° 

Angle of perigee 114.4° 

 

 

The model of the orbit in the left-hand plot of Figure 12.3 shows the position of the Earth and 

satellite (circular red marker) in the ECI coordinate frame after ten revolutions. The circular green 

marker shows the position of the satellite immediately after release from the projectile. The green 

line from the marker shows the direction of the velocity vector acting on the satellite at release. 

The ground track in the right-hand side image shows close proximity passes of the satellite around 

the Earth. This is the ideal orbit for the Dove satellite which acts like a line scanner taking regular 

images of the Earth as it passes over. By changing the heading angle and altitude of the orbit 

respectively, the range of latitudes covered and the spacing between the satellites passes with each 

revolution can be changed. 

The low and high altitudes of the orbit listed in Table 12.1 highlight that the orbit is not perfectly 

circular as shown by the non-zero eccentricity. The results could be improved further by adding a 

control system for the attitude of the projectile into the three DoF model. This would ensure that 

the flight path angle of the projectile is constantly adjusted to keep it closer to zero degrees than 

what can be achieved using just a launch and flight parameter optimiser.

Figure 12.3 The orbital path of the Dove satellite in the ECI coordinate frame is modelled with respect to the Earth 

(left) and the ground track of the satellite is graphed through 10 orbits (right). 
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13 Optimisation of the Launch and Flight Parameters 

A launch variable solver was written in Matlab to find the launch angle, rocket ignition time and 

propellant mass required to enter a circular orbit at the target altitude for a set of launch 

parameters. This made it possible to quickly evaluate a wide range of launch conditions and 

rocket variables. From the results, the importance of various launch parameters on the 

requirements of the rocket could be assessed, giving the information required to make more 

informed decisions with regards to projectile and rocket design. 

13.1 Trajectory 

The projectile follows a gravity turn trajectory, ensuring that the angle of attack to the airflow is 

always close to zero. This removes the requirement of actively controlled fins to control the angle 

of attack of the projectile while in the atmosphere and minimises the propellant and thrust 

requirements of the control system. The rocket fires during the gravity turn and finishes firing as 

the rocket reaches target velocity and target altitude. The rocket ignition time is chosen to ensure 

that the rocket is travelling horizontally as it reaches the target altitude and velocity to ensure an 

orbit with minimal eccentricity. 

13.2 Process Diagram of Launch Variable Solver 

In the process diagram, the Launch Variable Solver inputs are placed into the following 

categories.  

Table 13.1 Categorisation of Launch Variable Solver inputs 

Initial Launch Parameters Launch Variables Target Conditions (as rocket ends) 

Launch location Launch angle Final altitude 

Launch altitude Propellant mass Final altitude tolerance (%) 

Launch velocity Rocket ignition time Final angle to horizontal 

Propellant flow rate   Final angle tolerance (°) 

Specific impulse   Final velocity 

Coefficient of drag   Final velocity tolerance (%) 

Frontal cross-section area     

Dry mass     

The Launch Variable Solver outputted the required launch variables to reach the target conditions, 

given any reasonable set of initial launch parameters. 

The final altitude, angle to horizontal and velocity calculated by the simulation were compared to 

target conditions, and then used to correctly adjust the launch variables to converge on the target 
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conditions. As the three DoF simulator required a reasonable initial guess to converge, a 

previously developed 2-d simulator was used to make a good estimate of the launch variables. 

A process diagram for the Launch Variable Solver is shown below. 
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Figure 13.1- Process flow diagram for launch variable solver. 
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13.3 Analysis of 3DoF Simulator Results 

The optimiser was run for a range of conditions and the importance of different areas was 

evaluated. As changes in launch angle and rocket ignition time have minimal impact to other 

aspects of design, the propellant mass required to reach orbit was the main result of interest. 

Although a wide range of results were collected using many different standardised cases, to show 

general trends in the results, a standardised case has been used with the relevant parameters 

changed. (Some values in the standardised case have been changed since the analysis for the 

proposed launch parameters.) The standard case values are shown below: 

Table 13.2 Standard case launch variable solver inputs. 

Launch altitude 4500 m 

Launch velocity 5500 m/s 

Propellant flow rate 2 kg/g 

Specific impulse 470 s 

Coefficient of drag 0.015 

Projectile diameter 0.6 m 

Dry mass (including payload) 154 kg 

Target altitude 400 km 

With these conditions, the launch angle was 26.7° from horizontal and the propellant mass 

required was 172.1 kg. The rocket would therefore give a delva-v of 3460 m/s. 
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13.3.1 Dry Mass and Launch Velocity 

 

Figure 13.2 - Propellant mass requirements for dry mass and launch velocity. 

The propellant mass required was approximately proportional to (dry mass) 0.8 and (velocity) -1.9. 

For example, a projectile propelled at 4.5 km/s would require approximately 40-45% more 

propellant than one launched at 5.5 km/s, depending on the dry mass. Increasing the amount of 

propellant would also further increase the dry mass, in turn increasing the propellant requirements 

further. Therefore, the actual importance of launch velocity is understated in this graph. 
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Figure 13.3 - Total projectile mass for dry mass and launch velocity. 

As the gun performance and design is heavily influenced by the whole mass of the projectile at 

launch, it was also necessary to consider the total projectile mass. At 5.5 km/s, an increase in total 

projectile mass from 300 to 400 kg would allow a dry mass approximately 45 kg larger. 

13.3.2 Propellant Flow Rate 

It was shown that for a given amount of propellant, the burn rate of the rocket engine was not 

heavily influenced by the amount of fuel required to reach the desired orbit, varying by less than 

0.4%. The main consequence of this is that it was feasible to use a much lower propellant flow 

rate without decreasing the overall efficiency of the launch system. 

A lower propellant flow rate allowed a smaller rocket combustion chamber and a smaller throat, 

allowing a higher nozzle expansion ratio for a given nozzle size, and therefore better nozzle 

efficiency. It would also allow narrower plumbing or a smaller pressure difference feeding the 

propellant into the combustion chamber, reducing the volume of hydrogen required, further 

saving on dry mass.  
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13.3.3 Specific Impulse 

 

Figure 13.4 Propellant mass required for a range of specific impulse. 

 

The fuel mass required for a given set of conditions is approximately proportional to Isp
-1.42. The 

importance of specific impulse is further complicated by the changes in dry mass associated with 

each type of fuel and oxidiser, as will be discussed in the rocket design section of the report. 
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14 Rocket System Design 

14.1 Rocket System Requirements 

The rocket for the projectile was chosen based on a gun performance of 5.5 km/s capable of 

accelerating a 340 kg projectile (400 kg including 60 kg sabot) with a peak acceleration of 7000 

g. 

14.2 Rocket Propellant Considerations 

Solid-fuel rockets can potentially offer the cheapest and simplest form of propulsion. Typically, 

the oxidiser and fuel are mixed with a polymer and cured in a casing. When ignited, the solid 

propellant burns at a predictable rate increasing the pressure and temperature in the casing. The 

exhaust is expelled accelerating the rocket. As the propellant is already all in the combustion 

chamber, solid rocket boosters cannot be easily throttled or shut down. 

Hybrid rockets typically have a solid fuel that is gradually vaporised by the high temperature in 

the combustion engine. The fuel then reacts with a gaseous oxidiser (stored as a liquid then 

vaporised) sustaining the high temperature and pressure. Liquid oxidisers can have significantly 

better performance than solid oxidisers, increasing the potential performance over solid-fuel 

rockets. They are considered simpler than liquid-propellant rockets and as the oxidiser flow can 

be controlled, they can be throttled and shut off. 

Liquid-propellant rockets are generally considered more complex but can potentially offer the 

best performance. Using compressed gas to feed propellant into the combustion chamber instead 

of turbopumps can reduce the complexity at the cost of propellant tank pressure requirements and 

decreased pressure in the combustion chamber leading to reduced specific impulse. Still, as the 

exhaust velocity is related to the molecular weight of the exhaust, using liquid hydrogen as a fuel 

can significantly increase the specific impulse beyond the range of solid or hybrid rocket engines. 

Use of beryllium hydride as a fuel or fluorine as an oxidiser can further increase rocket engine 

performance. However, both beryllium and fluorine are extremely toxic and pose significant 

logistical and environmental issues. Therefore, they have not been further considered. 

14.3 Specific Impulse 

Using the three DoF simulator, the maximum dry mass that could be taken to orbit was calculated 

for a given specific impulse. The graph below shows the effect of dry mass and specific impulse 

on total mass. 
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Figure 14.1 Total projectile mass for impulse and dry mass. 

Typical specific impulses for upper stage rocket motors and the associated maximum possible dry 

mass that could be launched to orbit from the gun are shown in Table 14.1. 

Table 14.1 Typical specific impulse achieved by small rocket engines (Karabeyoglu, Stevens, Geyzel, Cantwell 2011). 

Fuel type 
Isp 

(s) 

Dry mass 

(kg) 

Solid (HTPB, AP, Al) 290 97 

Hybrid (LOx, paraffin) (estimated) 340 117 

Liquid (LOx, RP-1) 340 117 

Liquid (LOx, LH2) 450 150 

The dry mass must include the fuel tanks, projectile structure and shell, rocket engine, electronics 

and guidance systems and the payload. Therefore, as most of the mass carried is not the payload, 

a relatively small increase in dry mass available is very significant  as a small percentage increase 

in dry mass may be equivalent to a very large percentage increase in payload. 

14.4 G-Force Peak 

As well as the structural implications, the extreme g-forces during launch present an extreme 

technical challenge in propellant tank design. For liquid propellants, the pressure at the bottom 

and on the sides of the tanks during launch would peak with the acceleration experienced. The 

pressure from the acceleration is proportional to the head, g-force peak and the density of the 
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propellant. A 0.7 m tall tank experiencing acceleration of 5500 g carrying liquid oxygen would 

experience a peak pressure of 43 MPa. 

 This problem is not limited to liquid propellants - the pressure at the base of the container would 

be no less than for liquid propellants. Also, under compression from the acceleration, a solid fuel 

would also exert some force on the sides of the container due to the Poisson effect. Furthermore, 

propellant mixtures with lower specific impulses need a larger mass of propellant, and therefore 

require larger, stronger fuel tanks. 

14.4.1 Fuel Tank Consideration 

Low density propellants such as liquid hydrogen require very large propellant tanks, increasing 

the volume, mass and cost of the fuel tanks.  

For cryogenic propellants such as liquid oxygen and liquid hydrogen, the fuel tanks must be 

sufficiently insulated to prevent excessive evaporation of the propellants. The evaporated gas may 

need to be vented to prevent pressure build up and a device must be used to ensure that gas does 

not disturb the propellant flow to the engine. The projectile must therefore be fuelled shortly 

before launch. As the propellant is burnt within seven minutes of launch, the mass of escaped 

propellant is reduced significantly.  

In small rocket engines, the additional mass, cost and complexity of using turbopumps to increase 

the pressure of the fuel entering the combustion chamber may exceed the benefit in performance 

from the higher combustion chamber pressure. With no turbopump, the pressure must be provided 

by compressed gas in the fuel tanks. Therefore, the fuel tank must be built to withstand a pressure 

higher than the combustion chamber pressure. 

14.4.2 Other Considerations 

The solid and liquid rocket propellants considered have all been used many times in space flight, 

so offer low development risk. Hybrid engines have less historical use but have undergone a lot of 

ground testing and multiple launches in recent years, such as Virgin Galactic’s ‘SpaceShipOne’. 

Liquid propellant engines typically are associated with high cost, but the omission of using 

preburners and gas turbines and instead using a pressure fed system significantly reduces the 

complexity and cost of the system. Solid boosters cannot be easily throttled or turned off in flight 

without adding complexity such as having the fuel separated into multiple segments, adding mass.  
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14.4.3 Rocket Propellant Decision Matrix 

Table 14.2 Rocket Propellant Decision Matrix. 

  Importance Solid (HTPB, Al) Hybrid (LOx, PE) Liquid (LOx, RP-1) Liquid (LOx, LH2) 

Specific 

impulse 10 1 5 5 10 

G-force peak 8 5 4 4 6 

Fuel tank 5 10 6 6 1 

Cost 6 8 7 4 3 

Development 

Risk 5 10 8 10 10 

Other major issues 

Cannot be easily 

throttled -10       

Overall score 

(sum of importance × 

score) 188 194 186 221 

A decision matrix was made, scoring each engine on each category out of 10 based on the 

considerations above. Using the decision matrix, a LOx and LH2 rocket engine has been chosen 

for the final design. 

14.5 Thermodynamics of Rocket Engine 

As the rocket does not fire until approximately five minutes after launch, the atmosphere is 

relatively thin and is approximated as a vacuum. Therefore, the thrust, F, produced is calculated 

by equation 14.1 (Sutton, Biblars 2010 p35). 

 𝐹 = �̇�𝑣𝑛𝑜𝑧𝑧𝑙𝑒 + 𝑝𝑛𝑜𝑧𝑧𝑙𝑒𝐴𝑛𝑜𝑧𝑧𝑙𝑒 
(14.1) 

The velocity of the propellant can be approximated from the specific heat ratio, 𝛾, exhaust gas 

molecular mass, M, temperature T0 and the pressure ratio by equation 14.2Sutton, Biblars 2010 

p54), where 1 and 2 refer to the conditions at the nozzle inlet and outlet. 

 

𝑣 = √
2𝛾

𝛾 − 1

𝑅𝑇0

𝑀
[1 − (

𝑝2

𝑝1
)

𝛾−1
𝛾

] 
(14.2) 

The temperature within the combustion chamber T0 was calculated by summing the enthalpy 

before, adding the enthalpy of formation of water vapour and subtracting work done expanding 

the gas and enthalpy of vaporisation of the reactants. Combustion was assumed to be complete. 

Some heat is lost to increase the temperature of the helium used to pressurise the tanks. The 
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pressures are calculated by approximating the gas as a perfect gas. The overall rocket engine 

characteristics are shown below. 

Table 14.3 Combustion Chamber Specification. 

Fuel mass fraction 15.6 % 

Fuel:oxygen ratio 1:5.4 

Flame temperature 3173 K 

Heat flow to helium 7.9 K 

Ratio of specific heats 1.207 

Pressure at nozzle inlet (p1) 900 KPa 

Pressure at nozzle throat 507 KPa 

Pressure at nozzle outlet (p2) 12.5 KPa 

Nozzle pressure ratio (p2/p1) 0.0139 

Molecular weight of exhaust 12.9 

Exhaust velocity 3508 m/s 

Throat diameter 79 mm 

Expansion ratio of nozzle 32.5 

Mass flow rate 2 kg/s 

Area of nozzle outlet 0.35 m2 

Idealised specific impulse 460 2 

As the idealised specific impulse does not account for losses such as energy used to heat up the 

combustion chamber and nozzle, incomplete combustion and imperfect nozzle gas expansion, the 

actual specific impulse will be slightly lower and should be tested experimentally. For this report, 

the achieved specific impulse is assumed to be 455 seconds which is comparable to other similar 

small rocket engines. 

14.6 Fuel tanks 

The mass of propellant required, assuming a real specific impulse of 455 seconds, is 182 kg. The 

amount of propellant that must be available for 182 kg to reach the combustion chamber is 

significantly higher to account for evaporation and ‘trapped-propellant’. The fuel tanks must be 

made even larger to account for ‘ullage’ – the portion not occupied by liquid propellant. The fuel 

tanks have therefore been designed to carry a total of 186 kg propellant and have an additional 

2.5% volume for ullage. The fuel tanks are cylindrical in shape and have varied thickness to suite 

the required peak pressure in each location. Throughout the sides of the tanks, the circumferential 

stress is greater than the axial stress. Therefore, using carbon fibre based composites, mass can be 

reduced by producing an anisotropic carbon fibre fuel tank. 
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The fuel tank specification is shown in the Table 14.4 

Table 14.4 Specification of Fuel Tanks. 

  Hydrogen tank Oxygen tank Unit 

Volume 0.421 0.141 m3 

External diameter 0.5 0.5 m 

Height 2.23 0.749 m 

Pressure prelaunch 0.2 0.2 MPa 

Peak pressure in launch at base 7.78 41.15 MPa 

Fuel pressurisation pressure 1 1 MPa 

To calculate the mass of the fuel tanks, the thickness required for the stress to not exceed the 

material properties was calculated. The thickness required for the fuel tank flat plates was 

calculated using the equation for circular plates with a uniform load as shown in Equation 14.3 

(Young, Budynas, Sadegh, 2012 p499). 

 𝑡2 =

6
𝜋 𝑝𝑟4

𝜎𝑚(3 + 2𝑟2 + 3𝑟4)
 (14.3) 

Equation 14.4 (Grote and Antonsson, 2009 p949) gives the circumferential stress. The 

circumferential stress is highest when r=ri. 

 𝜎𝑐 =
𝑝𝑖𝑟𝑖

2 − 𝑝𝑜𝑟𝑜
2

𝑟𝑜
2 − 𝑟𝑖

2 −
𝑟𝑖

2𝑟𝑜
2(𝑝𝑜 − 𝑝𝑖)

𝑟2(𝑟𝑜
2 − 𝑟𝑖

2)
 

(14.4) 

Therefore, at the point of highest stress, assuming external pressure to be small, the 

circumferential stress is approximated by Equation 14.5 

 𝜎𝑐 = 𝑝𝑖

𝑟𝑜
2 + 𝑟𝑖

2

𝑟𝑜
2 − 𝑟𝑖

2 (14.5) 

This can be rearranged to give the outer radius, given the inner radius, maximum stress and 

internal pressure. From this, the thickness can be calculated. 

 𝑟𝑜
2 =

𝑟𝑖
2 (1 +

𝜎𝑐
𝑝𝑖

)

𝜎𝑐
𝑝𝑖

− 1
 (14.6) 

Equation 14.7 (Young, Budynas, Sadegh, 2012 p499) gives the axial stress.  

 𝜎𝑎 =
𝑝𝑖𝑟𝑖

2 − 𝑝𝑜𝑟𝑜
2

𝑟𝑜
2 − 𝑟𝑖

2  (14.7) 
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From the calculated thicknesses required, the mass required for each fuel tank was calculated, 

based on its diameter, as shown in Figure 14.2. Although both propellant tanks would have a 

lowest mass at a diameter of about 0.48 metres, the total increase in mass using a diameter of 0.5 

metres is approximately 0.8 kg. This higher diameter decreases the length of the projectile by 0.36 

metres, saving on structural mass, cost and drag on the projectile. The diameter was limited to 0.5 

metres by the external diameter of the projectile and thickness of the structure.  

 

Figure 14.2 Mass of Propellant Tanks. 

  

Figure 14.3 Mass of Fuel Tanks against G-Force. 

Based on a peak acceleration of 7000 g, a fuel tank mass of 60 kg would have a theoretical 

maximum pressure 1.55 times the peak pressure. To build a suitable fuel tank without exceeding 

the required mass would have almost no room for error and may pose a significant technical 

challenge. 
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14.7 Fluid Flow 

Using a pressure fed rocket engine negates the need for pre-burners and turbopumps, decreasing 

the complexity, mass and cost of the system. To maximise the ratio of the volume of the helium 

tank to the volume of the propellant tanks, the helium is initially stored at a very low temperature. 

The helium passes through a heat exchanger with the combustion chamber increasing in 

temperature and volume, before entering the propellant tanks to supply the pressure needed for 

propellant flow. The flow of fluid is shown in Figure 14.4. 

Helium tank

Heat exchanger

Electronic 

regulator

Propellant tanks

Flow sensor

Combustion Chamber

Electronic 

regulator

 

Figure 14.4 Flow Diagram for Propellant System. 

14.8 Nozzle design 

As the rocket only fires in the high atmosphere, the exhaust will always be under-expanded and 

therefore altitude compensation on the nozzle is not necessary.  

The bell-shaped nozzle design was chosen to maximise specific impulse while minimising nozzle 

mass and size. Although a larger nozzle would have increased the specific impulse of the rocket 

engine, the nozzle size was limited by the diameter of the projectile. 

The nozzle has a large angle initially near the throat as the exhaust initially has a high pressure. 

As the pressure decreases, the nozzle angle becomes shallower. Compared to a 15° conical nozzle 

with the same expansion ratio, the nozzle will be 25% shorter and have an ideal efficiency 2.5% 

higher (Sutton, Biblars 2010 p80). 

This allows the nozzle to be shorter for the same expansion ratio and decreases losses compared 

to a cone shaped nozzle.   



 

Author: Michael Brasted  102 

15 Deorbiting of Projectile  

To mitigate the further increase in space debris, NASA procedural requirements (NASA 2008) 

require that objects in space have a lifetime of no more than 25 years after completion of the 

mission. A simulator was made to estimate the time taken for the projectile to fall out of orbit due 

to atmospheric drag alone. Two cases were considered – the projectile with the nose cone opened 

to release the payload (therefore increasing the drag coefficient) and the projectile with a small 

parachute of diameter 1.5 m. It was assumed that in the atmosphere, the projectile would break up 

into small parts which would mostly burn up, causing no damage to human activities. There is no 

control over where the projectile will break up. Due to the low starting altitude of 400 km, both 

projectiles fell out of orbit within the required 25 years. The small parachute cut the deorbit time 

from 23 years to 1 ½ years. Figure 15.1 compares the altitude over time of the two cases. As the 

projectile will fall from orbit within the required 25 years a dedicated deorbiting system is not 

necessary. 

 

Figure 15.1 Deorbit of projectile shell. 
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16 Orbital Injection and Control System 

16.1 Attitude Determination 

An Attitude Determination and Control Subsystem (ADCS) will be needed to ensure that the 

projectile maintains the correct orientation in space. To achieve this, the vehicle attitude shall be 

determined using sensors, and corrected using actuators.  

Before an ADCS can be designed, several concepts must be understood (Larson et al, 1999). This 

includes mass properties, disturbance torques, angular momentum, and reference vectors. Mass 

properties will be essential for determining the size of the control. Usually the centre of mass and 

pressure will need to be known, as well as properties of inertia (moments of inertia, products of 

inertia). Principal axes, when the products of inertia are zero, are also significant. Finally it must 

be known how these properties change with time, for example gravity will not be constant, and 

will decrease with increasing distance from earth. 

 

 

Figure 16.1 Attitude Control System Overview. 

16.1.1 Sun Sensors 

Sun sensors are used to establish the angle between the body and the sun (Fortescue et al,2003). 

Light enters a thin slit on the top chamber whose bottom part is aligned with a group of light 

sensitive cells. The chamber casts an image of a thin line on the chamber bottom. The cells at the 

bottom measure the distance of the image from a centre line and determine the refraction angle 

using the chamber height. The cells operation is based on the photoelectric effect. They convert 

the incoming photons into electrons and hence voltages, which are in turn converted into a digital 

signal. When two sensors are placed perpendicular to each other, the sensor axes can be 

calculated as shown in Figure 16.2. 
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Figure 16.2 Sun sensor operation (eportal,2015). 

16.1.2 Horizon Sensors 

Horizon sensors can calculate the Nadir vector (the line between the spacecraft and the centre of 

the Earth). To ensure the sensor can track the Earth 24 hours a day, it is common for horizon 

sensors to track the Earth using the thermal infrared part of the spectrum (Fortescue et al,2003). 

This allows the horizon sensor to track the edge of the atmosphere allowing a continuous 

reference point. One disadvantage is that the atmosphere ends gradually meaning that there is a 

small error in the sensor reading. 

 

Figure 16.3 Horizon sensor operation (20th annual AIAA/USU conference on small satellites,2015)(NASA,2015). 
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16.1.3 Gyroscopes 

 Due to the high acceleration experienced launch, mechanical gyroscope may not be suitable. An 

appropriate alternative is an optical gyroscope, which uses non-moving parts. 

The best known optical gyroscope is a ring gyroscope (Fortescue, 2003). This consists of a small 

triangular ceramic glass prism, the vertices of which are cut to form optically flat surfaces. Light 

is then introduced at one vertex, such that the beam splits, and the two beams are internally 

reflected around the prism in opposite directions. If the prism is rotated around the axis normal to 

the triangle, then the path length of light traversing the prism in the same sense as the rotation is 

longer than that for the beam in the opposite direction. This difference is detected by examining 

the interference between the two beams, giving a measure of the inertial angular rate about the 

sensitive axis. 

 

Figure 16.4 Ring Laser Gyroscope (Laserfest,2015). 

A similar device is a Fibre Optical Gyroscope (FOG), which feeds laser light simultaneously into 

both ends of a fibre optic cable. As the cable rotates, counter rotating beams travel different 

distances before they reach the detector. From the phase difference a measurement of the rotation 

rate can be established (Fortescue,2003). 

All the sensors mentioned will be used for position and attitude determination. Multiple sun 

sensor and horizon sensors will be used to give redundancy for positional measurement, and one 

of each of a RLG and FOG will be used to give redundancy for inertial measurement (Fortescue 

et al., 2003). 

As gyroscopes are inertia sensors, they have no external reference and shall require correct 

calibration before launch. 
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16.2 Actuators 

To ensure that the rocket follows the path intended, a control system will be needed. There are 

various different actuators that can be used to change the attitude of the projectile. The actuators 

considered were cold gas thrusters, momentum wheels and gimballed thrust. 

16.2.1 Cold Gas Thrusters  

Cold gas thrusters expel pressurised inert gas (usually stored as a liquid) into space, exerting a 

rotational force on the spacecraft. Cold gas thrusters are capable of relatively large forces, 

however when fuel runs out the thrusters will be useless (Larson et al,1999). 

 

Figure 16.5 Cold gas thruster (tudelft, 2015). 

16.2.2 Momentum Wheels  

Momentum wheels spin continually to provide gyroscopic rigidity to the spacecraft. However this 

means that they require a constant power source. To change the satellite attitude around one axis 

the rate at which the wheel is spinning is varied creating a rotational torque (Larson et al, 1999).  

 

Figure 16.6 Momentum Wheels (rockwellcollins, 2015). 
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16.2.3 Reaction Wheels- 

Reaction wheels work similarly to momentum wheels. However they are at rest under normal 

conditions. To rotate the spacecraft around an axis the reaction wheel spins in the opposite 

direction, the reaction wheel is then brought back to rest to stop the satellite rotation just as the 

required angle of rotation has been achieved. Since reaction wheels are usually at rest they only 

require power when the spacecraft attitude is being changed. However they are only able to 

produce relatively small forces (Larson et al, 1999).  

16.2.4 Gimballed thrust 

Gimballed thrust involves adding a gimbal mechanism to the main thruster. This would allow it to 

rotate the thruster and provide an angled thrust that would rotate the projectile (Larson et al, 

1999).  

 

Figure 16.7 Gimballed thrust(NASA, 2015). 

16.2.5 Actuators conclusion  

It was decided that the best actuator would be a set of cold gas thrusters. Although they have the 

disadvantage of requiring fuel compared to momentum wheels, they have no moving parts, which 

may not be able to handle the high acceleration experienced during initial launch, and it is lighter 

than a gimballing mechanism. It is a simple, reliable method that allows control in all axes 

without use of the main engine fuel for propulsion. 
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16.2.6 Thruster layout 

Figure 16.11 shows the layout of the 12 thrusters that will be used for the ACS system. They will 

fire in pairs to create a coupled moment of torque. If the two thrusters coloured black were fired, 

the would be a yaw to the left (anti-clockwise). 

 

 

 

 

 

 

 

 

Figure 16.8 Thruster Layout. 
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16.3 State Feedback Controller Design for Pitch 

It was decided that a total of 12 thrusters would be used, using thruster pairs to cause coupled 

rotations about each axis. The amount of fuel and the size of the thrusters depends on the size of 

the projectile. A controller was designed estimate the fuel required to maintain control for a given 

amount of thrust. 

16.3.1 State Space Model 

The controller designed was a state feedback controller. Before the controller could be designed a 

state space model had to be formed from dynamic equations derived from a dynamic model. As 

attitude concerns rotations, the equation used were based on conservation of angular momentum. 

The 16.8 shows the dynamic model from which the equations are derived for the pitch axis. 

 

 

 

 

 

Figure 16.9 Free body diagram of pitch motion. 

Where  is the angle of attack, N is the normal aerodynamic force, T is the thrust from the 

thrusters, D is drag and L is lift. The position of the thrusters are such that the torque applied does 

not depend on their distance from the center of mass, but on their distance from each other as 

shown in the equation.  

 τ = Tl (16.1) 

T is the thrust of one of the thrusters, which have equal thrust, and l is the distance between the 

thrusters and  is the applied torque. 

Euler’s equations is the equivalent of newton’s second law of motion for rotation about the centre 

of mass (Tewari, 2011) 

 (𝑖)𝑑ℎ

𝑑𝑡
= 𝜏 

(16.2) 

Whereby  is the sum of all external torques. As this is a vector equation, h = hxi + h𝑦j + h𝑧k 

and τ = τxi + τ𝑦j + τ𝑧τk . 

This representation is in an inertial frame. Using the fact that in body (b) fixed frame rotating with 

an angular velocity  
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 (i)dh

dh
=

(b)h

dt
+ ω × h 

(16.3) 

Becomes 

 (𝑏)𝑑ℎ

𝑑𝑡
+ 𝜔 × ℎ = 𝜏 

(16.4) 

Due to ℎ = 𝐼𝜔 

 
𝐼

(𝑏)𝑑𝑤

𝑑𝑡
+ 𝜔 × 𝐼𝜔 = 𝜏 

(16.5) 

On principal axis, products of inertia are 0 hence  

 
I =  [

𝐼1 0 0
0 I2 0
0 0 𝐼3

] 
(16.6) 

𝐼�̇� + 𝜔 × 𝐼𝜔  can be reduce to a set of three scalar equations  

 𝐼1�̇�𝑥 + (𝐼3 − 𝐼2)𝜔𝑦𝜔𝑧 = 𝜏𝑥 (16.7) 

 𝐼2�̇�𝑦 + (𝐼1 − 𝐼3)𝜔𝑥𝜔𝑧 = 𝜏𝑦 (16.8) 

 𝐼3�̇�𝑧 + (𝐼2 − 𝐼1)𝜔𝑥𝜔𝑦 = 𝜏𝑧 (16.9) 

For small angles it is assumed (Tewari, 2011) that 

 �̇� = 𝜔𝑥 (16.10) 

 �̇� = 𝜔𝑦 (16.11) 

 �̇� = 𝜔𝑧 (16.12) 

And for small angles and small angular velocities it is assumed (Tewari, 2011) 

 
�̈� =

1

𝐼2
𝜏𝑥 

(16.13) 

 
�̈� =

1

𝐼1
𝜏𝑦 

(16.14) 

 
�̈� =

1

𝐼3
𝜏𝑧 

(16.15) 

Therefore the angular momentum around the centre of mass can be describe as: 

 𝐼�̈� = 𝜏 + 𝑁. 𝑙 + 𝑇𝑑 (16.16) 

Where I is pitch moment of inertia, =Tl is torque,  N is aerodynamic force, and Td is a 

disturbance torque. 

For initial controller design we set N and Td to equal 0. So equation EUATION is simplified to  

 𝐼�̈� = 𝜏 (16.17) 
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Put in to state space form, where x is [𝜃, �̇�] and u is input thrust T we have 

 
�̇� = 𝐴 [

0 1
0 0

] 𝑥 + 𝐵 [
0
1

𝐼

] 𝑢 
(16.18) 

 Feedback controller design 

To analyse the open-loop response, the poles of the system are calculated form the characteristic 

equation (Tewari, 2011). 

 𝑝(𝑠) = det(𝑠𝐼 − 𝐴) = 𝑑𝑒𝑡 ([
𝑠 0
0 𝑠

] − |
0 1
0 0

|) (16.19) 

This gives two poles at the origin. Since the poles are not in the left hand side of the s-plane the 

system is unstable and requires feedback control. 

For the state space model 

 �̇� = 𝐴𝑥 + 𝐵𝑢 (16.20) 

The state feedback controller has the form 

 𝑢 = −𝐾𝑥 (16.21) 

The closed loop system then becomes 

 �̇� = 𝐴𝑥 + 𝐵(−𝐾𝑥) = (𝐴 − 𝐵𝑘)𝑥 (16.22) 

The stability of the closed loop system is determined from the location of the closed-loop poles or 

the eigenvalues of (A-BK). The closed-loop poles are the solution to the following characteristic 

equation:  

 𝑝(𝑠) = det(𝑠𝐼 − (𝐴 − 𝐵𝐾)) = 0 (16.23) 

Where 𝑠 = 𝜎 + 𝑗𝜔 is the complex frequency. 

For design purposes desired closed loop pole locations are chosen i.e 

 �̅� = 𝑠𝑛 + 𝑎1𝑠(𝑛−1) + 𝑎2𝑠(𝑛−) + ⋯ + 𝑎𝑛 (16.24) 

Where a1 and a2 are known 

We then find the closed loop gains by comparing Equations 16.22 and 16.23 

 �́̅�(𝑠)  = 𝑝(𝑠) (16.25) 

Collecting equal in power terms coefficients and solving for unknown controller gains 

The initial poles chosen where −2 ± 4𝑗 which gave a gain of  3.05x10-4 and 6.1x104 for pitch 

angle and pitch speed respectively. 
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Figure 16.9 shows the Simulink model of the feedback constructed from the calculated values. 

From this a reading of the response time could be found. The gains were then adjusted by using 

different poles. The gains found from using poles −5 ± 𝑗0.8 were more effective at changing the 

angle. Although the Simulink model gives a nice representation of the state feedback controller, 

its limitation is that it cannot simulate a disturbance thrust. Instead a disturbance angle was 

introduced. This was less than ideal because if the disturbance was a force greater than the cold 

gas thrusters, then the controller should not be able to correct it, however the Simulink model can 

as the disturbance force is essentially applied as an impulse. 

 

Figure 16.10 State feedback controller Simulink model. 

16.4 Test of State Feedback Controller for Pitch 

To overcome this a Navigator simulator was made. This simulator used ODE45, which allowed 

the disturbance to be added as a thrust instead of an angle. In the navigator the normal 

aerodynamic force N and disturbance torque Td was also factored in so the state space model 

became 

 

�̇� [
0 1

𝐷

𝐼
+

𝜌𝐴𝐶𝐿𝑉𝑐
2

𝐼
0

] 𝑥 + 𝐵 [
0
1

𝐼

] 𝑢 + 𝑇𝑑 

(16.26) 

 

However when the ACS is applied the attitude will be such that  = 0 therefore the state space 

model is  

 
�̇� [

0 1
0 0

] 𝑥 + 𝐵 [
0
1

𝐼

] 𝑢 + 𝑇𝑑 
(16.27) 
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Figure 16.11 Reaction to disturbance torque of 2Nm Angle vs Time (Left) Thrust vs Time (Right). 

From the plot of thrust over time in response to the disturbance input, the total thrust used and 

hence the fuel needed for a given thruster could be found by using Equation 16.28  

 
𝑚𝑝𝑟𝑜𝑝 =

𝐼𝑡𝑜𝑡𝑡𝑜𝑡

𝐼𝑠𝑝𝑠𝑝
. 𝑔𝑜

 
(16.28) 

where 𝑚𝑝𝑟𝑜𝑝 is mass of propellant, 𝐼𝑡𝑜𝑡 is total impulse, 𝐼𝑠𝑝 is specific impulse of the thruster and 

𝑔𝑜 is acceleration due to gravity. Modeling the rocket as cylinder, the total amount of impulse 

needed to correct a one second disturbance torque of 2 Nm, gave an error of 4 degrees, was 3713 

Ns which. Assuming thrust is from a pair of cold gas thrusters with thrust of 0.8 N (Encyclopedia 

Astronautica RDMT-0.8, 2015) and 165 ISP  (Nguyen et al, 2002) due to using helium as 

propellant, then the mass of propellant needed is 2.29 kg over 928 seconds. However, as the 

thruster will be used in space, disturbance forces should be much smaller than 2N. 
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17 Throttle Rate Control System  

To expel the hydrogen and oxygen at the correct rates, they will have to be forced out of the 

tanks. This can be achieved through pumps, called pump fed, or through pressurised gas, called 

pressure fed. As the engine is relatively small as pressure fed is the more suitable option 

(Cornelisse et al, 1979). 

To maintain the correct pressure in the valves pressurised helium will be used. Sensors will be 

used to measure the current pressure and Solenoid vales will be used to adjust the flow rate of the 

fuel and oxidiser. 

17.1 Regulated System vs. Blow Out System 

  

 

Figure 17.1 Pressure fed systems (Larson, 1999). 

A blowdown has the high-pressure gas in the top half of a container and the propellant in the 

bottom half. When the valve is open the high-pressure gas pushes out the propellant.  

A regulated pressure system used a high-pressure storage of gas while is regulated to a lower 

pressure then fed into the propellant (fuel and oxidiser) tanks. 

The blowdown method is simpler to implement, however it requires a much larger tank, as the 

pressurised gas is at a lower pressure compared to the regulated method (Larson et al, 1999). The 

regulated method is heavier as is requires a tougher tank to handle the high pressure. However a 

high-pressure capable tank will be required anyway due to the high acceleration launch method. 
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17.2 Solenoid Valves 

  

Figure 17.2 Piloted solenoid valve (pneumaticpart, 2015). 

Solenoid valves allow an electronic signal to control the flow of a substance by converting 

electronic energy to mechanical energy through use of a solenoid, which moves an 

armature(black pin in Figure 17.2) to open or close a valve.  There are two main types, direct 

acting and piloted. 

A direct acting solenoid valve uses just the armature to block or allow the flow. An example is if 

the figure 17.2 consisted of just parts D,E and F. 

In a piloted solenoid, such as that shown in Figure 17.2, the direct acting valve (now called the 

piloted valve) controls a bigger valve. This method is used because the armature required to 

restrict the flow, A, would be much bigger than that needed to restrict, D, therefore a bigger 

solenoid would be needed which would be impractical. As such a piloted valve is more suitable 

for higher pressure flows. 

17.3 Sensors 

To establish when valves need to be used to change pressure, sensors are needed to measure the 

current pressure of the helium in the tanks. Sensors are also needed to check that the flow rate of 

the fuel and oxidiser are correct. 

17.3.1 Pressure Sensor  

Pressure sensors will be used will be used to measure the pressure of the helium being fed into the 

hydrogen and oxidiser tanks. This is important, as a change in pressure will change the flow rate 

of the propellants. As shown in Figure 17.3 the sensor contains an elastic material, which will 
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deform when pressurized, and a device to which detects the deformation. Information from this 

sensor can be used with a pressure regulator to ensure the pressure of the fed helium is correct. 

 

Figure 17.3 Pressure Sensor (showa-sokki,2015). 

17.3.2 Flow Rate Sensor 

Flow rate of the liquid hydrogen and liquid oxygen will need to be known to make sure that they 

are combining at the correct ratio. The flow sensor that that shall be used will measure the flow 

rate using vortex shredding (Figure 17.4). When the fluid stream encounters a fixed obstruction, 

the fluid must divide to pass around the barrier. Because of viscous adhesion, the boundary layer 

moves slower than the outer layer. At very low flow rates, the viscous forces dominate keeping 

the fluid attached to the wall of the body and the fluid recombines in a symmetrical fashion. But, 

as the flow rates increase there comes a point where the flow cannot withstand the adhesion 

pressure gradient along the surface of the body and boundary layer duly separates from it to form 

rotating vortices that are carried downstream (Litremeter, 2015). 

As the flow rates increase even further the vortices become relatively stable and persistent so they 

line up directly behind the obstruction. The vortex shedding alternates from side to side in 

sequence and due to the pressure pulse that accompanies the formation of the vortex from the 

opposite edge. By using this pressure pulse the frequency of this oscillation can be measurement 

and a flow rate can be derived. 

 

Figure 17.2Vortex Shedding flow meter(Liter Meter,2015). 
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17.4 Regulators 

17.4.1 Single Stage Regulator 

 

Figure 17.5 Single Stage Regulator(Air Liquide, 2015). 

A pressure regulator is a valve that reduces the pressure of a liquid or gas by restricting the flow 

when a threshold pressure is reached. This allows the control of pressure in the gas tank to a 

suitable pump pressure. 

As shown in Figure 17.5, a single stage regulator contains a (single) diaphragm and (poppet) 

valve. High pressure gas enters the regulator through the in let in the gas. The input pressure in 

indicator by the input pressure gauge fitted into the regulator. The gas fills the high pressure 

(below poppet valve) chamber completely. As the valve remains closed without any external 

interference, the high pressure gas remains in the chamber. When the pressure adjustment handle 

is turned, it compresses the bonnet (uppermost spring) and exerts a downward force on the 

diaphragm, which in turn pushes the valve stem open. This releases gas into the low-pressure 

(above poppet valve) chamber exerting an opposing force on the diaphragm. Equilibrium is 

reached when the bonnet’s force is equal to the combined forces of the gas in the low-pressure 

chamber, the upward force exerted by the poppet valve spring and the upward force of the high 

pressure gas in the valve chamber acting on the valve. While the regulator is in use the initial high 

pressure within the tank starts to drop as it empties. This will cause the output pressure to 

increase.   

17.4.2 Two Stage Pressure Regulator 

A two stage regulator contains two diagrams and two valves. High-pressure gas enters through the 

high pressure chamber. The gas fills the first stage high-pressure chamber or first stage valve 

chamber completely. The first stage pressure is factory set according the model of the regulator 

with a bonnet and exerts a upward force on the first stage diaphragm, which in turn pushes the 

first stage poppet valve open. This releases gas into the first stage low-pressure chamber (below 

first stage poppet valve), exerting an opposing force on the First stage diaphragm. The gas from 

the first stage low-pressure chamber is travels into the second high pressure (below second stage 

valve) chamber. The second stage works the same as the single stage regulator.  
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Figure 17.6 Two Stage regulator (Air Liquide,2015). 

Whilst the regulator is in use, the initial high pressure in the tank starts to drop as it empties. The 

reduced pressure in the first stage valve chamber means lesser downward force of the high 

pressure gas in the first stage high pressure chamber acting on the first stage poppet valve.  Thus 

the total combined down forces of the gas in the first stage low pressure chamber, the downward 

force exerted by the first stage valve spring and the downward force of the high pressure gas in 

the first stage high pressure chamber becoming lesser than the upward force on the diaphragm 

exerted by the first stage range spring. As there is now less downward force on the first stage 

diaphragm than the upward force exerted by the first stage bonnet, so the first stage diaphragm 

travels further up, making the First stage poppet valve open further, allowing more gas to fill the 

first stage low pressure resulting in an increase in the outlet pressure or the pressure of second 

stage valve chamber, this is also how the pressure increases in single stage regulator when source 

pressure drops. 

 Now the gas pressure of the second stage valve chamber increases. The second stage bonnet 

force acting downwards on the second stage diaphragm becomes less than the combined upward 

force of the gas in the second stage low pressure chamber, the upward force exerted by the second 

stage poppet valve spring and the upward force the gas in the second stage high pressure chamber 

acting on the valve. This extra upward force acting on the second stage diaphragm moves the 

second stage diaphragm further up by compressing the second stage range spring upwards, 

making the second stage valve to close further, allowing less gas to fill the second stage low 

pressure chamber and hence the outlet pressure remains constant on contrary to a single stage 

regulator (Downie, 2002).   
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17.5 Throttle Control Setup 

As the high-pressure gas supply will not be constant, a two-stage regulator is the better choice. To 

move the bonnet spring, a solenoid valve should be used as this allows a processor to vary the 

output pressure if needed. Pressure sensors would replace the pressure gauges to allow processor 

to reactor the pressure changes. Flow sensors would be used to ensure that correct mixture of 

propellant is maintained. Figure 14.4 shows the component layout. Regulators will be used to step 

down the high pressure from the tank, then a regulator will be used for each tank of propellant the 

provide the right pressure to obtain the desired flow rate.  
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18 Aerodynamic Control and Stability 

During the initial stages of flight there is sufficient atmospheric density for aerodynamic surfaces 

to work effectively. Flight control surfaces and fixed tail fins were both considered for use on the 

projectile. The design options for each are discussed below.  

18.1 Flight Control Surfaces 

There are three common types of flight control surface that were considered for use on the 

projectile: tail, canard and wing. Deflections of these surfaces can be used to create moments 

which cause the projectile to move in pitch, roll and yaw.  

18.1.1 Tail 

Tail control consists typically of three or four surfaces mounted at the rear of the projectile. One 

advantage of tail control is that it produces a relatively low hinge moment and therefore requires 

smaller actuators than the other alternatives The disadvantages are that it can be ineffective at low 

angles of incidence compared to both canard and wing control.  

Two or more fixed forward surfaces are sometimes used in conjunction with tail controls in order 

to generate additional lift. However such surfaces provide a destabilising effect requiring larger 

tail surfaces.  (Fleeman, 2001) 

 

Figure 18.1 Tail control.  (Fleeman, 2001). 

18.1.2 Canard 

Canards have the advantage of providing increased manoeuvrability compared to tail control 

surfaces at low angles of incidence; flow separation causes stall at higher angles of incidence. As 

canards are located forward of the centre of gravity they cause a destabilising effect that leads to a 

larger fixed tail being required to maintain stability; a minimum of three tail surfaces are required.  

(Fleeman, 2001) At high Mach numbers, grid fins are required on the tail, in place of 

conventional planar fins, to avoid induced rolling moments.  (Yanushevsky, 2007) 
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Figure 18.2 Canard control.  (Fleeman, 2001). 

18.1.3 Wing 

Wing control has the advantage of increased responsiveness compared to tail control. As with 

canards, a fixed tail is required to maintain stability with at least three surfaces. 

Disadvantages of wing control are that large surfaces are required to produce the required control 

effectiveness. Grid fins on the tail are also required at high Mach numbers (Fleeman, 2001). 

 

Figure 18.3 Wing control.  (Fleeman, 2001). 

18.1.4 Grid Fins 

As discussed above, both canard and wing configurations require the use of grid fins on the tail to 

avoid induced rolling moments at high Mach numbers. Figure 18.4 illustrates tail grid fins.  

Grid fins differ from typical planar fins in that they are much shorter in the direction of the flow. 

This reduced chord length decreases the likelihood of stall at high angles of incidence. It also has 

the advantage of generating much smaller hinge moments thus requiring smaller actuators.  

At low supersonic speeds, oblique shockwaves form at large angles at the leading edge and reflect 

off the lattice structure downstream; these reflections lead to high drag. However at high 

supersonic speeds this phenomenon doesn’t occur; oblique shockwaves form at smaller angles 

and do not reflect off the internal lattice structure. This results in good drag characteristics and 

increased control effectiveness relative to planar fins (Fleeman, 2001). 
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Figure 18.4 Grid Fins.  (Fleeman, 2001). 

 

18.2 Manoeuvre Options 

There are three methods of manoeuvre that can be achieved using the flight control surfaces 

described above: Skid-to turn, bank-to-turn and rolling airframe.  

18.2.1 Skid-to-turn 

A skid-to-turn manoeuvre is a turn that is performed without any roll. This is the most responsive 

manoeuvre option (Fleeman, 2001). 

18.2.2 Bank-to-turn 

A bank-to-turn manoeuvre is performed in two stages. Firstly the projectile rolls until a set of 

control surfaces are perpendicular to the desired line of sight. Pitch is then used to turn the 

projectile whilst maintaining the required roll orientation. This option can be relative 

unresponsive as it requires time for the projectile to roll (Fleeman, 2001). 

18.2.3 Rolling Airframe 

A rolling airframe manoeuvre is similar to a skid-to-turn manoeuvre except that the projectile also 

maintains a constant rate of roll in the desired direction. This option provides reduced 

manoeuvrability compared to the previous options (Fleeman, 2001). 

 

18.3 Fixed Tail Fins 

The purpose of fixed tail fins is to provide longitudinal static stability. Static stability, in pitch, 

implies that an increase in angle of incidence (i.e a nose up movement caused by a disturbance) 

causes a negative pitching moment (resulting in a nose down movement) which tends to decrease 

the angle of incidence. This can be illustrated graphically. A plot of angle of incidence against 
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coefficient of pitching moment has a negative gradient for a statically stable projectile; this can be 

seen in Figure 18.5. A statically stable projectile, following a disturbance, will return to the 

desired angle of incidence in an oscillatory convergent fashion. 

 

 

Figure 18.5 Longitudinal static stability. (James, 2001). 

18.4 Design Decision 

Aerodynamic surfaces will only be effective for approximately 5s after the launch due to 

decreasing atmospheric density. Due to the high speed nature of the projectile, crosswinds and 

atmospheric turbulence will provide minimum disruption from the desired trajectory.  

Flight control surfaces require actuation which would increase the mass of the projectile and take 

up internal volume. It was decided therefore that due to their limited effectiveness it was not 

worth carrying the additional mass; fixed tail surfaces alone were deemed sufficient. 

18.5 Tail Area Sizing 

Correct sizing of the tail area is critical; too little area would render the projectile unstable, too 

much area would produce unnecessary drag.  

When sizing the tail, the area required for neutral static stability is considered. This is the area 

required to render the projectile neither stable nor unstable. In order to ensure stability, a safety 

factor of 15% shall be added to this area. 
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The equation for neutral static stability, given by (Fleeman, 2001) is: 

 
𝑆𝑇 =

(𝐶𝑁𝛼
)

𝑁
× (𝑥𝐶𝐺 − (𝑥𝐶𝑃)𝑁)

𝑑
×

𝑑

(𝑥𝐶𝑃)𝑇 − 𝑥𝐶𝐺
×

𝑆𝑅𝐸𝐹

(𝐶𝑁𝛼
)

𝑇

 (18.1) 

Whereby: 

 (𝐶𝑁𝛼
)

𝑁
= 2(𝑐𝑜𝑠𝜙 + 𝑠𝑖𝑛𝜙) (18.2) 

 
(𝐶𝑁𝛼

)
𝑇

=
4

(𝑀2 − 1)0.5
 (18.3) 

 (𝑥𝐶𝑃)𝑁

= 𝑙𝑁 [0.63(1 − 𝑠𝑖𝑛2𝛼)

+ 0.5 (
𝑙𝑏

𝑙𝑛
) 𝑠𝑖𝑛2𝛼] 

(18.4) 

The angle 𝜙 is defined as follows: 

 

Figure 18.6 Definition of angle 𝜙. 

The centre of gravity of the projectile, XCG can be assumed to be 50% along the length of the 

projectile; the projectile is volume limited and the sub systems are assumed to be of comparable 

densities. The centre of pressure of the tail surfaces, (Xcp)T has been assumed to be located 0.5 m 

from the downstream end of the projectile. Locating the fins as far back as possible reduces the 

area required to ensure stability.  

18.5.1 Sizing Limitations 

 This method is only suitable for conceptual design. It is assumed in the equation above that there 

is no interference effects between the body of the projectile and the tail surfaces (Fleeman, 2001). 

18.6 Sizing Iterations 

The method described above was implemented using Microsoft Excel. This allowed the fins to be 

easily resized as the dimensions of the projectile changed. The final input parameters are 

summarised in Table 18.1. 
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Table 18.1 Input parameters for tail fin sizing. 

 

 

 

 

 

 

 

This gave a required tail area of 0.322m3 per fin for a 4 fin configuration (including 15% margin 

discussed previously). 

18.7 Surface Planform 

There are four common planforms used for missile tail surfaces: triangle (delta), trapezoid, 

forward swept trapezoid and rectangle. Table 18.2 below shows a comparison between each 

option. 

Table 18.2 Comparison of surface planforms (Fleeman, 2001). 

 

*Can be mitigated with the use of composite materials. It assumed that this rating is 

“AVERAGE” with the use of composite materials. 

Assigning a ranking of 1-4 to represent POOR – SUPERIOR, the forward swept trapezoid, when 

constructed from composite materials, can be shown to be the best option with a score of 19. This 

is the design that shall therefore be used on the projectile. 

Cross Sectional Area of Projectile ,Sref 0.196 m3 

Body Length, lB 7 m 

(assumed) 

Nose Length, lN 2.5 m 

Angle of incidence, 𝜶 0 

Angle of roll, 𝝓 0 

Mach Number, M 17 

(Xcp)T 9 m 
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18.8 Finalised Fin Dimensions 

Figure 18.7 below illustrates the basic dimensions of each tail fin; all dimensions are in mm.  

. 

Figure 18.7 Basic dimensions of each tail fin. 

For aerodynamic efficiency, this basic shape shall be modified such that each fin has a sharp 

leading and trailing edge. 
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19 Payload release 

Once orbital altitude and velocity have been achieved, the payload will have to be released in a 

way that maintains the correct orbit. 

By using the ACS thrusters the launch vehicle can be rotated 90 and the payload can be released 

either in front of or behind the projectile. 

Care will have to be taken to ensure that when the payload is released it is in the correct orbit. If 

not, the payload may not accomplish its mission and may have a shorter orbital life. 

The current payload capacity is suitable for a Dove satellite manufactured by the company Planet 

Labs. The most recent Dove satellite launched was the Dove 2. This satellite was built to conform 

to the U3 cube sat form factor. As such it is possible to launch this satellite using the Poly-Pico 

Satellite Orbital Deployer (P-POD ) from PEOSAT. 

 

 

Figure 19.1 P-POD (eportal,2015).    Figure  19.2 P-POD (Amsat,2015). 

The P-POD is closed until it receives a signal, upon which it opens and the spring slowly deploys 

the spacecraft. The travel is across a linear path, so there should be minimal spin after 

deployment.  

19.1 Rotation for satellite deployment 

Using the ACS thrusters from Section 16, the vehicle could be rotated in roughly 180 seconds 

using two 0.8 N thrusters (Knoll, 2014). The maneuver would consist of a 2.5 degrees rotation 

during a 10 second acceleration, followed by 85 degrees of non-propelled rotation for 170 

seconds, and finally a 2.5 degrees rotation during 10 seconds of deceleration. 
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20 Projectile Communication Systems 

To monitor the position, attitude and health of the projectile during flight, an RF telemetry system 

design is proposed. Telemetry is the automated process by which data collected from the on-board 

sensors is transmitted back to a ground station with suitable receiving equipment for monitoring. 

The transmitted data will include GPS tracking which will be used to accurately map the position 

of the projectile over Earth during flight. A telecommand system will also be included to send 

commands to the projectile and receive status updates on the health of subsystems, fuel tank 

pressure and other mission critical data. A back up surveillance and tracking radar system will be 

required on the ground to record the projectiles position if telemetry/telecommand 

communications are temporarily lost at any stage of the flight. Note that only the design of the 

telemetry communications system has been covered in this report and further work would be 

needed on the telecommand and surveillance systems in the future. 

The Martlet 2C projectile used by project HARP during launches in the 1960s contained 

telemetry systems as payloads and a ground station at the launch site monitored the data 

transmitted from the projectile, as shown in Figure 20.1. A spike antenna was used at the tip of 

the projectile for signal transmission which was well suited to communicate with a ground station 

while the projectile was spinning during flight. This is because the line of sight (LoS) path from 

transmitter to receiver is not affected by the orientation of the projectile. 

 

A transmitter antenna will be built into the body of the projectile and a parabolic reflector antenna 

will be located at the ground station to receive the transmitted data. In the following subsections 

top-level designs for the transmitter and receiver subsystems are presented in block diagrams and 

the communication link budget is calculated. 

Figure 20.1 The Martlet 2C projectile internal layout including the on-board telemetry system (left) and the telemetry 

reception station (right) (Murphy and Bull, 1966). 
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20.1 Telemetry RF System 

The telemetry RF system can be split into three main stages as shown in Figure 20.2. The data 

collected by the on-board sensor network which is described in Section 20.1 is processed and 

passed into the transmit subsystem. It is amplified and radiated from an antenna through the RF 

channel to the receiver antenna at the ground station, where the data will be monitored 

continually. 

 

  

 

20.1.1 Transmitter Subsystem 

A block diagram of the transmitter subsystem is shown in the top image of Figure D.1 in 

Appendix D. The system is centred on a main PCB, which will modulate and encode an input data 

stream from the sensor network on board the projectile. This is then converted to an analogue 

signal using a DAC. The analogue signal is then passed into a mixer to up convert the 

intermediate frequency to a 2250 MHz centre RF frequency in the lower S-band. The RF signal 

will be amplified using a HPA before being radiated via a cylindrical microstrip patch array 

antenna that will be formed around the circumference of the projectile. 

A cylindrical microstrip patch array antenna consists of coupled patches, mounted like a belt 

around the circumference of the projectile. A basic example is shown in the left-hand image of 

Figure 20.3 with its corresponding radiation pattern. A product produced by the Antenna 

Development Corporation for a rocket is shown in the right-hand image (AntDevCo, 2013). The 

radiation pattern is near omnidirectional which is critical for a supergun launched projectile, as 

the orientation cannot be accurately predicted after launch and during the flight. The antennas are 

difficult to design and manufacture for large diameters over 1 m (Markgraf and Montenbruck, 

2005) but the maximum diameter for the projectile in this project is 0.6 m making this technology 

a good fit. 

Transmit	
Subsystem	

RF		
Channel	

Receive	
Subsystem	

Figure 20.2 Block diagram of telemetry RF system. 
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20.1.2 RF Channel 

As a large part of the flight path could pass over the United States due to the heading angle of the 

projectile the frequency bands allocated for telemetry have been followed. The lower S-band is 

the range commonly used for missile, spacecraft and other “unmanned” flight tests requiring 

telemetry support (RC Council, 2001). Spacing allocations in the S-band enable signals with 340 

kHz of bandwidth and this will be more than adequate for transmitting the data streams from the 

projectile. 

Multipath interference could be a problem during the early stages of the projectile’s flight when it 

passes over the sea, as the highly reflective surface will reflect any RF energy very efficiently and 

this could cause almost total cancellation of the main signal. Introducing a diversity combiner to 

work with a pair of telemetry receivers to enhance the signal level at the receiver system is one 

method of reducing the interference. This has not been implemented at this stage of design as it is 

unclear how much the multipath will interfere. Another problem that could be encountered is 

plume attenuation, where RF signals can undergo heavy attenuation and fading as the result of 

plumes produced by rocket boosters. Other potential problems include RF blackout, ducting and 

radio horizon (RC Council, 2001) hence a surveillance and tracking station will be situated at the 

ground station in case communication with the telemetry system is lost at any stage. 

20.1.3 Receiver Subsystem 

A block diagram of the receiver system is shown in the bottom image of Figure D.1 in Appendix 

D. The incoming data is received by a high gain parabolic reflector dish antenna and passed 

straight through a pre-selector filter to limit the amount of stray signals that could saturate the 

LNA. The signal is amplified using a LNA, which amplifies the weak signal picked up at the 

antenna while adding as little noise and distortion as possible to improve the SNR. The 2250 MHz 

RF frequency is then dropped to an intermediate level of 70 MHz by passing it through two down 

converter stages. The analogue signal is converted to a digital data stream using an ADC. The 

Antenna Development Corporation 
151 S. Walnut St. #B-6, Las Cruces, NM 88001 
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Cylindrical-Array Missile, Rocket and  

Artillery Shell Antennas 
   

 
Multi-frequency Conical Antenna (without integral radome cover)  

Mounted on a non-flight Test mockup.  

 

Antenna Development Corporation, Inc. (AntDevCo) 

employees have designed and manufactured cylindrical array 

antennas for many successful rockets and launch vehicles.  

Based on this experience and AntDevCo’s continued 

development of spacecraft antennas, AntDevCo is able to 

offer these well-proven launch and reentry vehicle antennas.   

In addition, artillery shell antennas are also available.  

 

The cylindrical arrays are capable of supporting high data 

rates with transmit power to at least 10 Watts CW.  The 

antennas can be manufactured for either circular or linear 

polarization and with multiple center frequencies.  The 

antennas incorporate an integral radome and are very robust 

assemblies.  An internal cable/power splitter network is used 

between each microstrip patch array antenna segment and is 

located internal to the vehicle but separate from the antenna. 

 

All antennas are supplied with extensive testing data 

including principal plane radiation pattern plots, gain bounds 

plots, and coverage statistics.  Simulations of the expected 

performance on specific vehicles can also be ordered. 

 

Specifications 
 

 Frequency: L to X-band center frequencies.  

Includes GPS, down link telemetry, SGLS, NASA 

SN & TDRSS, test range radar, and DSN 

frequencies. 

 

Typical Frequencies:  1227, 1575, 2050, 2211, 2250,  

5700, and 8500 MHz.  Other custom frequencies are 

available. 

Note that the customer must specify the center frequencies 

desired at the time of order – these are narrow band antennas 

and a single antenna array cannot cover an entire band. 

 

 Bandwidth: ~ 10 MHz about the center  

                                    frequency typical. 100 MHz BW 

versions are also available. 

 Polarization: Circular or linear (customer spec.). 

 Power:  10 Watts CW (previous tests, not  

   the ultimate power limit). 

 HPBW:  See patterns. 

 Impedance:   50 Ohms nominal. 

 VSWR:  < 1.5 over RX and TX bandwidths 

 Magnetic: Antenna materials are  non- 

magnetic:  Low magnetic stainless 

steel connector bodies are 

standard.  (Non-magnetic brass 

connectors are optional.) 

 Connector: SMA female. 

 Dimensions: Diameters from 6.5 inches up.    

Antenna length depends on the 

numbers of channels and their 

center frequencies.   Typical 

diameters:14, 17, 22, and 50 

inches. 

 Temperature: -100 C to +100 C.  Reentry  

vehicle and antennas for silo-

launched missiles are also 

available. 

         

Mechanical and Thermal Design  
 

The antenna elements that form the arrays are multi-layer 

bonded cylindrical circuit board structures and are 

essentially monolithic.  They use flight proven and 

robust connector mounting arrangements.  Various 

mounting arrangements are available for attachment of 

the antenna to the vehicle.  Antenna materials used are 

stable over temperature and designs are available to 

match thermal requirements.   

 

Shock and Vibration Testing 

 

Launch and separation shocks, in addition to random 

vibration, present the highest mechanical stresses to the 

systems.  AntDevCo shock testing uses a pneumatic 

cannon system to subject the antennas to shock levels 

simulating the flight requirements. Antennas designed by 

AntDevCo personnel have also been tested with random 

and sine wave vibration using standard electrodynamic 

azimuth plane 

radiation patterns 

(a) (b) 

Figure1: Wraparound antennasandcorresponding azimuthplanegainpatterns: (a) S-band; (b)

C-band. Thegainpatternsaremeant toillustratethebasicconceptsandshouldnot beinterpreted

asrepresentationsof real gainpatterns.

asmany patchesintheC-bandantenna. Consequently, theresultingradiationpatterndisplayssix

lobesandsix nulls. BecausetheC-bandantennacontainstwiceasmany elementsastheS-band

antenna, theinterferencepatternstend toget morecomplicated andcanbeharder tocontrol. As

aresult, it might bemoredifficult for aC-bandwrap-around antennatomeet a“90%of thegain

valuesmust begreater than-7dBi” specification.

Themost commonreceiveantennaconfiguration istheparabolic reflector. Theboresitegainis

G0 =

✓
⇡ D

λ

◆2

⌘i (2)

whereD isthediameter,λ isthewavelength, and⌘i istheilluminationefficiency. Thisshowsthat

for afixeddiameter, thereceiveantennagainincreaseswithdecreasingwavelength(increasingRF

frequency). Thebeamwidthisproportional toλ/D andthusdecreaseswithdecreasingwavelength.

Thereducedbeamwidthcanhaveimportant implicationsfor target acquisitionandtracking.

Link Budgets Thelink budget doesnot captureall of theissuesinvolved in thebehavior of C-

bandtelemetry, but it isagoodstartingpoint. A simplifiedversionof thelink budget equation is

6

Azimuth		
radia on	pa ern	

Figure 20.3 Cylindrical S-band patch array antenna with the azimuth gain pattern to illustrate the basic concept (left) 

and a conical antenna designed for use with missile, rocket and artillery shells (right) (AntDevCo, 2013). 
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data is demodulated and decoded before being passed into either data storage or an online display. 

The position of the projectile is also recorded through the received GPS.  

A high gain parabolic reflector dish antenna is used at the ground station to receive the incoming 

signals. The telemetry ground station would be rented from the Swedish Space Corporation 

(SSC), who have a station conveniently located at Clewiston to track the projectile (SSC Group, 

2014). The antenna has high directivity and therefore it must face in the direction of the projectile 

throughout a launch. The dish tracks the projectile using a servo based control system which uses 

the azimuth and elevation error signals sent from the projectile to adjust the antennas position. A 

2 metre diameter 𝐷 antenna is used with an efficiency 𝜀 of 60% and its gain is calculated using 

these parameters in Equation 20.1. 

 
𝐺𝑟 = 10 log10 (𝜀

(𝜋𝐷)2

𝜆2 ) = 31.25 𝑑𝐵𝑖 (20.1) 

20.1.4 Communication Link Budget 

Table 20.1 Communication link budget parameters for transmitter, receiver and RF channel, note where exact values 

are not know reasonable assumptions have been used. 

Distance (max.), 𝑹 500 km Path loss, 𝑳𝟎 153.5 dB 

Frequency, 𝒇 2250 MHz Atmospheric attenuation, 𝑳𝑨 2 dB 

Wavelength, 𝝀 0.133 m Polarisation mismatch loss, 𝑷 1.5 dB 

Bandwidth, 𝑩𝑾 340 kHz Receive line loss, 𝑳𝒓 1.5 dB 

Receiver Gain, 𝑮𝒓 31.25 dBi Room Temperature, 𝑻𝟎 300 K 

Transmitter Gain (min.), 𝑮𝒕 2 dBi Antenna Temperature, 𝑻𝒂𝒏𝒕𝒆𝒏𝒏𝒂 190 K 

Transmitted Power, 𝑷𝒕 2 W Noise Factor, 𝑭 1.5 

The system noise temperature is calculated as follows (Shirvante et al., 2012) 

 𝑇𝑠𝑦𝑠 = 𝑇𝑎𝑛𝑡𝑒𝑛𝑛𝑎 + (𝐹 − 1)𝑇0 = 340 𝐾 (20.2) 

A low bit error rate (BER) of 10−6 is required which for QPSK is a 𝐸𝑏/𝑛0 ratio of 10.6 dB (see 

Figure C.1 in Appendix C) and using this value the requirement for the receiver sensitivity can be 

found (Equation 20.3). 

 
𝑃𝑠𝑒𝑛𝑠 = 10 log10(𝑘𝑇𝑠𝑦𝑠𝐵𝑊) +

𝐸𝑏

𝑛0
= −107.5 𝑑𝐵𝑚 = 1.78 × 10−14 𝑊 (20.3) 

The received power can then be calculated and compared to the receiver sensitivity from Equation 

20.4. 

 𝑃𝑟 (𝑑𝐵𝑚) = 𝑃𝑡 − 𝑃 + 𝐺𝑡 − 𝐿0 − 𝐿𝐴 + 𝐺𝑟 − 𝐿𝑟 = −92.25 𝑑𝐵𝑚             

= 5.96 × 10−13 𝑊 (20.4) 
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The link margin, which can be expressed as the difference between the design value of received 

power and the receiver sensitivity can be found (Equation 20.5). 

 𝐿𝑀 = 𝑃𝑟 − 𝑃𝑠𝑒𝑛𝑠 = −92.25 − (−107.6) = 15.4 𝑑𝐵 
(20.5) 

This is in the typical range of values from 3 to 20 dB as stated by Pozar (2009, p.675). This is a 

good link margin, which provides a level of robustness to the system to account for variables such 

as weather fading. The required 𝐸𝑏/𝑛0 for a BER of 10−6 for QPSK is about 10.6 𝑑𝐵 = 11.48 

and this can be used to solve for the maximum bit rate (Pozar, 2009) 

𝑅𝑏 = (
𝐸𝑏

𝑛0
)

−1 𝑃𝑠𝑒𝑛𝑠

𝑘𝑇𝑠𝑦𝑠
= 340 kb 
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21 Electronic Systems 

The projectile has an on-board sensor network to collect data, which is relayed to the ground 

station for monitoring and is also used by the projectile’s attitude control system. The majority of 

the electronics is located towards the middle of the projectile’s body and some of the sensors are 

located on the projectile’s surface as shown in Figure 21.1. All of the electronic components must 

have low power consumption as all current will be supplied from a battery for the duration of the 

flight. They will also need to be able to withstand the extreme conditions at launch where the G-

forces are very large.   

 

 

 

 

 

 

 

 

 

 

In this section an overview of the main electronics system is presented in a block diagram, and the 

main subsystems are explained. The effect of the high G-forces during launch on the electronic 

components and the emergency systems, which will come in to effect in the event of a flight abort 

are considered.   

21.1 Electronics System Overview 

The main block diagram for the sensor network and data processing elements which will be 

placed on board the projectile are shown in Figure E.1 of Appendix E. Note that the control 

systems for the attitude of the projectile and fuel tank are not included. The FPGA subsystem 

processes the data acquired by the sensor network and pipes out a data stream via a DAC to the 

telemetry transmitter to be relayed back to the ground station. An FPGA has been used as it runs 

all of it’s processes concurrently, which is much faster than a microprocessor based system. A 

separate microprocessor subsystem is included in the design, which processes and performs 

commands sent through the telecommand. It can also send status reports on the health of the 

Figure 21.1 The layout of the electronics, sensors and antennas in the projectile (not drawn to scale). 
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electronics, control systems and fuel tank pressure to the ground station through the telecommand 

antenna.  

All of the electronics on-board will be powered from a 28-32 V battery. There will be a high 

voltage bus run between the major subsystems and this will be dropped to the required power 

levels for each subsystem by a series of switching regulators. An additional LDO regulator stage 

can be added to remove any unwanted ripple on the power line if required. There will be one main 

crystal oscillator circuit on-board which will produce the clock signal for the microprocessor, 

FPGA, ADC and DAC. Both the FPGA and microprocessor subsystem have their own memory 

and peripherals. A watchdog timer is in place to reset the electronics system in the event of an 

emergency.  

21.2 High-G-Acceleration effects on The Electronics and Solar Panels 

During launch from the supergun, the projectile will experience G-forces of up to 7,000 g which 

could damage the electronics and solar panels on-board in the payload. Project HARP fired 

hundreds of projectiles into suborbital trajectories and they were routinely subjected to 7,000 g of 

acceleration (Murphy and Bull, 1966). Many different components were successfully tested by 

Bull and his group including sun sensors, horizon scanning sensors, accelerometers, NiCd 

batteries, on-board computer, cold-gas ACS system, and solid rocket motors. These sensors were 

recovered after firing and tested at a laboratory against their corresponding pre-launch reference 

(Knowlen, Joseph and Bruckner, 2007). This testing was performed in the early 1960s so with the 

technological improvements since, more reliable components could undoubtedly be developed 

(Davis, 2002). 

It is currently possible to purchase MEMS based inertial systems off-the-shelf from Atlantic 

Inertial Systems that will survive 20,000 g peak acceleration and still function properly afterwards 

(Sheard, Scaysbrook and Cox 2008). During the SHARP project typical off-the-shelf electronics 

were tested using similar methods to project HARP. The lead engineer of project SHARP Dr. 

Harold Gilreath, was quoted by Knowlen (2007) saying, “The issue of g-hardening was studied 

extensively, including its cost. Hardening the structure and electronics seems straightforward and 

relatively inexpensive. We went so far as to test commercial electronic packages, such as cell 

phones, in an air gun at several thousand g's (with just a little hardening) and had no failure. In the 

end, we decided that none of the loading issues were show stoppers.” Neither HARP nor SHARP 

concluded that the g-loading problem was insurmountable for electronics-based subsystems. 

As a complete and functioning communications satellite has never been fired from a supergun 

into orbit certain components have never been tested at high accelerations. These include 

deployable solar arrays and communication dishes that are both fragile structures. It would be the 
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responsibility of the customer to meet the specified peak acceleration and inflatable components 

may provide the best solution. There is some precedent for using inflatables in high-g systems, as 

exemplified by a gun-launched UAV with inflatable wings (Brown et al., 2001). Inflatable solar 

arrays have been under development for a number of years but are not presently used in space as 

they decompose under UV light but with further developments they would be ideal for a high-g 

launch (Jenkins, 2001). 

21.3 Emergency Landing for Mid-flight Abortion 

In the event that a flight must be aborted the on-board microprocessor will send a status update to 

the ground station. If the event happens before the rocket booster has ignited, a series parachutes 

will be deployed to slow the projectile and land it safely in the North Pacific Ocean. The 

parachute system shall consist of: a small drag-cute to slow the projectile from hypersonic to 

supersonic speeds, a larger drag-chute to slow the projectile to subsonic speeds and a parachute to 

ditch the projectile in the ocean. If the rocket booster has been ignited, the fuel tank control 

system will stop injecting the propellant to reduce the thrust to zero before deploying the 

parachute system. The projectile will be at an altitude in excess of 300 km before the booster is 

ignited so there will be time to send manual instructions through the telecommand to ensure a safe 

landing area. As the majority of the flight-path is over the North Pacific Ocean there is a large 

target area to parachute the projectile into.  
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22 Nose Cone Geometry & Drag Calculations 

The design of the nose cone is important for any aerospace vehicle as it has a large influence on 

drag coefficient. Minimising drag is critical in the case of Project Aether. Minimising drag 

reduces the amount of velocity lost due to atmospheric drag; this in turn has the effect of 

minimising the amount of fuel required by the rocket boosters thus reducing the mass of the 

projectile at launch. 

22.1 Minimum Drag Solution 

Various nose cones exist that are designed to be minimum drag solutions. Examples of which are: 

LD-Haack, Eggers Minimum Drag and Xn power-law body. Each of these is designed for a 

specific Mach regime. 

Throughout the entirety of the launch, the projectile shall be at hypersonic speeds. In this regime, 

an Xn power-law body is considered to be class-leading. (Stroick, 2011) 

22.1.1 Planform 

The planform of the nose is defined by Equation 22.1, whereby r is the radial coordinate of the 

nose, rmax is the diameter of the body of the rocket, l is the desired length of the nose, n is the 

power body exponent and x is a longitudinal coordinate with origin at the body nose. (Spencer Jr., 

1966)   

𝑟 = (
𝑟𝑚𝑎𝑥

𝑙𝑛 ) 𝑥𝑛    

 

(22.1) 

From this equation, Cartesian coordinates describing the 2D planform could be calculated using 

Microsoft Excel.  

22.1.2 Exponent 

Inviscid theory predicts that a value of n = 0.667 produces a minimum drag solution. However, at 

high Reynolds numbers, a value of n ≈ 0.6 has been proven experimentally to give a minimum 

drag coefficient.  (Ashby Jr., 1974) This is the value that shall be used to define the nose of the 

projectile.  

22.1.3 Fineness Ratio 

The fineness ratio of the nose is defined as the ratio of the length of the nose and the diameter of 

the body of the rocket. 

Increasing the fineness ratio has the effect of decreasing wave drag but increasing skin friction 

drag. The optimum ratio is approximately 5 (Stroick, 2011). 
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Assuming the projectile body has a diameter of 0.5 m, a nose length of 2.5 m is required to give 

the optimum fineness ratio. 

22.2 Drag Coefficient Calculations 

The simulation of the space launch vehicle used a constant drag coefficient to predict the drag on 

the projectile. The total drag was approximated as consisting of pressure drag, which was 

modelled using the local surface inclination technique for hypersonic flow, and the viscous drag. 

The local surface inclination technique gives a constant drag coefficient, independent of velocity 

and gas properties. The viscous drag however cannot be exactly represented as a drag coefficient, 

so it was approximated using conditions near the start of the flight path where the velocity and 

density - and therefore the viscous drag – were highest. The overall change in drag coefficient is 

relatively small until the air density falls very low (change of 5% at air density 0.15 kg/m³), at 

which point the velocity is also lower so the overall drag has decreased. 

The drag coefficient used was therefore calculated to be 0.0162. 

22.2.1 Pressure Drag 

The local surface inclination technique, or ‘Newtonian technique’, approximates the force 

encountered by an object as if the air particles maintain their x-direction speed but change 

direction to the tangent of the object encountered. It is increasingly relevant at high Mach 

numbers and for less blunt objects, making it appropriate for this case. As the projectile is circular 

in cross section, the projectile outer surface was approximated as a very large number of conical 

frustums with the surface having a constant angle to the flow direction, ϴ.  

ϴ constant for each frustrum

R1 R2 R1 R1R2 R2

 

Figure 22.1 Approximation of outer surface for pressure drag 

The outer surface is given by Equation 22.2. 

 𝑦 = (
𝑥

𝑙
)0.6 × 𝑟𝑚𝑎𝑥 (22.2) 

From this equation, ϴ, R1 and R2 can be calculated. The local pressure drag coefficient on the 

exposed surface of each frustum is given by Equation 22.3 (Reisch and Streit 1997 p269) 

 𝑐𝑑𝑝𝑟𝑒𝑠𝑠𝑢𝑟𝑒
= 2𝑠𝑖𝑛2𝜃 

(22.3) 
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Therefore, the drag in the direction of the flow for each frustum can be calculated using Equation 

22.4. 

 𝑃𝑟𝑒𝑠𝑠𝑢𝑟𝑒 𝑑𝑟𝑎𝑔

1
2

𝜌𝑉2
= 𝐴 × 2𝑠𝑖𝑛3𝜃 

(22.4) 

The exposed area of each frustum is given by Equation 22.5 (Beyer 1987 p130) 

 𝐴 = 𝜋 (𝑅1 + 𝑅2)√(𝑅1 − 𝑅2)2 + ℎ2 (22.5) 

The pressure drag coefficient is therefore given by Equation 22.6. 

 
𝑐𝑑𝑝𝑟𝑒𝑠𝑠𝑢𝑟𝑒

=
∑(𝐴 × 2𝑠𝑖𝑛3𝜃)

𝜋𝑟𝑚𝑎𝑥
2  (22.6) 

The pressure drag coefficient was calculated to be 0.0135. 

22.2.2 Viscous Drag 

The viscous drag was also estimated using the frustum approximation. On each frustum, Equation 

22.7 was used to approximate the wall shear stress τw, as done by Oppenheimer, M and Doman, D 

(2008). x is the length along the external projectile profile but as the projectile nose is slender, x 

was approximated as the distance along the x-dimension. ρ* and μ* are the density and dynamic 

viscosity in the boundary layer, and are functions of temperature. 

 
𝜏𝑤  =

1

2
𝜌∗𝑉2𝑐𝑓 =

0.0592

2
𝜌∗𝑉2(

μ∗

𝜌∗𝑉
)

1
5𝑥−

1
5 (22.7)  

 

The temperature was approximated using Equation 22.8 (ibid). 

 
𝑇∗ = 𝑇 [1 + 0.032 𝑀2 + 0.58 (

𝑇𝑤

𝑇
− 1)] (22.8) 

Therefore, the density and dynamic viscosity in the boundary layer were approximated using 

Equations 22.9 (ibid). 

 
𝜌∗ =

𝑃

𝑅𝑇∗
 (22.9) 

 
μ∗

μ0
= (

𝑇∗

𝑇0
)

3
2 𝑇0 + 110

𝑇∗ + 110
 (22.10) 

The viscous drag was then calculated using the conditions soon after launch using Equation 22.11 

(ibid), and was calculated to be approximately 0.0027. 

 
𝑐𝑑𝑣𝑖𝑠𝑐𝑜𝑢𝑠

=
∑(𝐴 × 𝜏𝑤)

𝜋𝑟𝑚𝑎𝑥
2  (22.11) 
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23 Thermal Protection System 

Thermal Protection Systems, TPS’s, are used on spacecraft to protect against the heat of re-

entering the earth’s atmosphere. The TPS protects the internal structure, payload, cryogenic fuel 

tanks and in the case of manned spacecraft, the crew. 

 In the case of Project Aether, aerodynamic heating will occur once the projectile exits the barrel. 

It is expected that the highest temperature regime will occur during the early stages of launch due 

to the high velocity and dense atmosphere. The TPS will therefore be designed with this 

temperature regime in mind. 

 Figure 23.1 below illustrates the aerodynamic heating of the Buran spacecraft on re-entry. As can 

be seen, the nose and the leading edges of the wings and tail are subjected to the greatest 

temperatures. It is assumed that this will hold true for the projectile and that the nose and the 

leading edge of the tail fins will experience the highest temperatures. 

 

 

Figure 23.1 Aerodynamic heating of Buran spacecraft.  (Buran, 2006). 

23.1 Computational Fluid Dynamics 

A computational fluid dynamics, CFD, analysis was performed in order to estimate temperature 

of the flow over the surface of the nose. This data was required in order to design adequate 

thermal protection for the projectile. 

23.1.1 CFD Theory 

All fluid flows adhere to the same fundamental principles: conservation of mass, Newton's second 

law and conservation of energy. These principles are typically expressed as partial differential 
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equations. CFD replaces the partial derivatives with discretized algebraic equations and solves 

them to obtain numerical values for the flow field at discrete points in time or space.(Anderson 

Jr., 1995)  

23.1.2 Geometry and Mesh 

ICEM CFD 15.0 was used to create a 2D representation of the nose. To achieve this, calculated 

Cartesian coordinates were imported as point; the equations which define the geometry of the 

nose are given in Section #. These points were then joined to form a smooth curve as shown 

below. 

 

Figure 23.2 Nose Geometry. 

A 2D structured mesh was created, again using ICEM. A structured grid was chosen as they 

provide more accurate results due to the alignment of the mesh with the predominant flow 

direction. (Chawner, 2013).The mesh was created in a C-block structure; this is common practice 

for such problems. As can be seen in Figure 23.3, the mesh was created in such a way that it 

becomes denser close to point of interest, the surface of the nose. 
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Figure 23.3 Structured mesh around nose. 

23.1.3  Turbulence Model 

Ansys Fluent was used to solve the flow using a Spalart-Allmaras one equation turbulence model. 

This model was chosen as it has less tendency to produce a divergent solution than other available 

turbulence models. Second order methods were used to solve the flow as they provide more 

accurate results compared to first order models. 

23.1.4 Boundary Conditions 

Two boundary conditions were defined for this problem. The nose was defined as a no-slip 

stationary wall. The freestream was defined as a pressure-far-field. This allowed the freestream 

Mach number, temperature and pressure to be specified. These three values were defined to match 

the launch speed and atmospheric conditions at the chosen launch altitude.  

The freestream Mach number, M, was calculated using Equation 23.1, whereby: U is the 

freestream velocity, ɣ is the ratio of specific heats, R is the specific gas constant and T is the 

freestream temperature.  

Temperature and pressure at the launch altitude of 4.5Km was obtained from tables of the 

International Standard Atmosphere. 

 
𝑀 =

𝑈

√𝛾𝑅𝑇
 (23.1) 
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23.1.5 Convergence Criteria 

Scaled residuals were monitored in order to assess model convergence. The model was 

considered converged once all the residuals reached a fixed value, or were oscillating in a 

reasonable fashion about a fixed value. Convergence was achieved at approximately 7500 

iterations, as can be seen in Figure 23.4.  

 

Figure23.4 Scaled residuals. 

23.1.6 Results 

In order to graphically illustrate the temperature of the flow, the contours of static temperature 

were plotted. As can be seen in Figure 23.5, there is a thin, symmetrical region of high 

temperature flow over the surface. 

 

Figure 23.5 Contours of static temperature. 
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Figure 23.6 examines an area at the very tip of the nose. The temperature of the flow close to the 

surface ranges from approximately 4250K - 5000K in this region. 

 

Figure 23.6 Contours of static temperature – tip of nose. 

Figure 23.7 shows an area further downstream. In this region the temperature of the flow is 

approximately 2500K close to the surface. 

 

Figure 23.7 Contours of static temperature – rear of nose. 

23.1.7 Limitations of CFD Model 

The CFD model assumes air to be an ideal gas. An ideal gas model accounts for changing density 

due to compressibility effects, it does not take into account any effects due to temperature. In 

reality, due to the high temperatures involved, air behaves as a real gas. At the high temperatures 

involved diatomic oxygen and diatomic nitrogen disassociate. This is a thermally imperfect 

mixture that no longer follows the ideal equation of state. (Benson, 2014) 
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23.2 Material Selection - Nose and Tail Fins 

From the CFD analysis it was established that the flow over the nose reaches temperatures of up 

to 5000K; it is predicted that flow over the tail fin surfaces shall reach a similar temperature. At 

these extreme temperatures the use of an ablative heat shield is necessary. 

Ablation materials are categorised by the method by which they disintegrate; the three categories 

are: subliming, vaporising and charring. It is generally accepted that materials which undergo 

charring provide the most efficient thermal protection. (Curry, 1965) 

Modern ablative heat shields are typically made from a fibrous carbon preform impregnated in a 

phenolic resin; this is a low density material with a residual porosity of around 85%. When 

heated, this material undergoes two transformations; the first of which is pyrolysis. Phenolic resin 

carbonises to form low density carbon and pyrolytic gases. Pyrolytic gases are transported out of 

the pores of the material via diffusion and convection. This process results in a mass loss of 

around 50%. The second transformation is ablation. The char, formed during the first 

transformation ablates due to either sublimation or spallation; this is dependent on the temperature 

and nature of the flow. (Lachaud, 2010) 

One commercially available material, of the type described above, is PICA. PICA boasts a density 

slightly greater than balsa wood (density of balsa wood is approximately 160kg/m3 (SAMPE, 

2000) ) and has been used on vehicles such as the Mars Science Laboratory and Stardust sample 

return capsule. (Dunbar, 2012) 

Sizing of PICA can be achieved via the use of three existing computer models: PICAv3.3 

materials properties model, Fully Implicit Ablation and Thermal-Response (FIAT) code and Two-

Dimensional Implicit Thermal-Response and Ablation (TITAN) code. (Milos, 2010)  

23.3 Material Selection - Body 

CFD analysis showed that the flow towards the rear of the nose cone reached around 2500K. It is 

expected that at no point over the body will the flow exceed this temperature (except possibly in 

the area which the fins protrude from the body) and that at some points it will be considerably 

cooler. 

In order to provide protection, it is essentially the outer material performs well at high 

temperatures and has low thermal conductivity. Structural load shall be carried by the internal 

structure and therefore such loads do not need to be taken into consideration when selecting 

materials for the outer layer. One group of materials that fulfils the two requirements are ceramic 

matrix composites. As can be seen in Figure 23.8, this class of materials can be effective up to a 

maximum temperature of 1800K (2800°F). 
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Figure 23.8 Temperature limits of ceramic matrix composites (Campbell, 2010). 

In the initial stages of the flight it is expected that across some regions of the body temperatures 

will exceed the acceptable range for ceramic matrix composites. As the temperature of the flow 

shall decrease with altitude (due to decreasing velocity and air density) a self-transpiring hot skin 

could be used in these regions; this is a material system designed to cool itself during short 

periods of high heat flux. (Cox, 2006) 

A self-transpiring hot skin consists of a porous ceramic matrix composite structure with an 

internal cavity coupled to either an insulating layer or the projectiles internal structure. The 

internal cavity is filled with a material which sublimes into a gas when the temperature exceeds 

the maximum allowable temperature of the outer material. This gas transpires through the outer 

layer providing cooling. (Cox, 2006) 

The outer skin is formed of a ceramic matrix composite material as described previously. 

Examples of such material are carbon fibre reinforced silicon carbide matrix composite, carbon-

carbon matrix composite, silicon carbide reinforced silicon carbide matrix and oxide-oxide 

composites. Each of the aforementioned material can be constructed with a controlled porosity. 

(Cox, 2006).  

As with the outer skin, there are a variety of materials than can be used within the cavity 

depending on the temperature requirements of the outer skin. One such material is germanium 

dioxide which undergoes a reaction at around 1400K to produce germanium monoxide and 

oxygen. (Cox, 2006) 

 

 



 

Author: Matt Evans  146 

Figure 23.9 illustrates the construction of such a material: 22 represents the outer hot skin, 34 

represents the internal cavity, 24 represents the optional insulation layer and 38 represents the 

internal vehicle structure.  

 

Figure 23.9 construction of self-transpiring hot skin. (Cox, 2006). 

A disadvantage of this material is that is covered by a current patent. This means that production 

and use of this material would be subject to obtaining license from the inventor; obtaining licence 

could be costly. 

A further CFD analysis is required in order to assess the exact nature of the flow over the body. 

From this it could be determined which areas require a self-transpiring hot skin and which areas a 

ceramic matrix composite is sufficient. 
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24 Internal Structure 

The purpose of the internal structure is to carry all structural loads, as well as to house the 

payload, fuel tanks and all internal systems. In this section this, section material options are 

discussed along with means by which the structure could be analysed and sized. 

24.1 Design Considerations 

There are several issues that have to be considered when designing the internal structure. Firstly, 

the high g-force at launch. The projectile will be subject to a peak acceleration of 7000 g; the 

projectile will need to be strong enough so that it does not buckle due to its own inertia. 

Secondly the structural mass needs to be minimised, this is important for two reasons. Firstly, a 

low mass is required in order for the projectile to reach the required muzzle velocity in the gun; a 

high mass would require a low speed LGG. Secondly a low mass will reduce the projectiles 

inertia; this is key when considering buckling.   

24.2 Material Options 

In order to minimise the overall mass whilst providing adequate strength, materials with high 

strength-to-weight ratios are required. From Figure 24.1 below it can be seen that metal alloys, 

composites and ceramics all exhibit good strength-to-weight ratios. However, ceramics are not 

suitable for this application due to their brittle nature. 

 

 

Figure 24.1 specific stiffness-specific strength graph (University of Cambridge, 2014) 
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Figure 24.2 examines the composite subset of materials. In this category CFRP exhibits the best 

strength-to-weight ratio. An advantage of working with CFRP is that material properties can be 

tailored for a specific application through the construction of the composite. Correct alignment of 

the fibres means the material can be designed to be strongest in the direction of the load; in 

general CFRP exhibits the greatest strength along the axis which the fibres are aligned. (Hanssen, 

2009) The major disadvantage of CFRP is cost, approximately $110/kg for a typical aerospace 

application. (Farag, 2013) 

 

 

Figure 24.2 specific stiffness-specific strength graph, composite subset (University of Cambridge, 2014) 

 

In terms of metals, titanium alloys (in particular Titanium Beta alloys (Leyens, 2006)) have the 

highest strength-to-weight ratio (Figure 24.3), albeit less than CFRP. The advantages of such 

alloys are that they have high corrosion resistance, high fatigue strength and are easy to heat treat.  

The cost of a typical titanium alloy for aerospace application is $50/kg. (Clifford, 2012)  
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Figure 24.3 specific stiffness-specific strength graph, metallic subset (University of Cambridge, 2014) 

24.2.1 Material Choice 

Due to its higher specific strength and the advantage of being able to tailor composite layup for a 

specific application, CFRP is the chosen material for the internal structure. 

24.3 Transient Dynamic Analysis 

The loading on the projectile varies with time and therefore a transient dynamic analysis is 

required. Transient dynamic analysis considers both inertia and damping effects of the structure 

(University of Alberta, 2001).  

24.3.1 Finite Element Analysis 

Due to the complexity of the problem, computer modelling is required to obtain accurate results; 

analytical results would require the problem to be simplified and may not be accurate. 

Finite element analysis breaks the volume of the structure down into smaller volumes called finite 

elements; this process is a form of discretization. Figure 24.4 illustrates commonly used finite 

elements. Each element consists of a series of nodes; for a 3D element these are the vertices of the 

element. The displacement at each node is calculated, and from this strain is calculated. The 

stresses at each point are then calculated using the relationship between stress and strain. 

(Modlen, 2008) 
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Figure 24.4 examples of 3D finite elements (Modlen, 2008)  

The finite element analysis model then compares the stresses and strains those allowable for the 

chosen material. From this areas which failure would occur can be identified. (Modlen, 2008) 

From such an analysis it would be possible to size the structure appropriately and establish the 

mass of material required. 

 

 

 



 

Author: Ben Jarman  151 

25 Ram Accelerator 

The Ram Accelerator concept is the use of an in-bore ramjet whereby a subcaliber projectile, 

shaped similarly to a supersonic ramjet, is fired down a barrel filled with pressured gas and 

oxidizer. The projectile is initially fired by a gun, typically a light gas gun, so that it can gain 

enough speed to cause the required shockwave upon breaking the entry diaphragm. Once in the 

Ram Accelerator, the shock heated air ignites the propellant behind the projectile, increasing the 

pressure and causing it to accelerate. This process can be clearly shown in Figure 25.1 

 

Figure 25.1 Ram Accelerator Process(RamAccelerator.org) 

 

25.1 Advantages of a Ram Accelerator 

The benefit of a Ram Accelerator over a conventional gun is the ability to manipulate the 

acceleration throughout the entire barrel, decreasing the initial acceleration. The Chapman-

Jouguet is the upper velocity of a projectile where thrust is produced by a specific detonator. 

Using this knowledge it is possible to break up the ram accelerator into sections using 

diaphragms, using detonators with an increasing Vcj as the projectile approaches the muzzle, 

limiting the thrust. The Light gas gun model used in this project requires an initial acceleration no 

less than 7,000g to achieve the required muzzle velocity, which causes issues throughout the 

entire design. 

Since the acceleration causes a compressive force on the projectile, lowering the acceleration will 

allow for a weaker structure and therefore a reduced mass. This reduced mass has a knock on 

effect through the entire flight allowing for less rocker booster, which in turn reduces the gas 

pressure required and so on.  
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This reduced mass allows for two different options for projectile design. The projectile can be 

manufactured and designed to continue to fire a 4kg cube satellite at a reduced cost, or the 

payload can be increased dramatically allowing for higher revenue on each launch; as seen in 

section 3 of the report. 

25.2 Disadvantages of a Ram Accelerator 

Ram Accelerators are extremely intricate. Firstly, the gas mixture within gun must be correct. The 

chemical formula’s required for the gas mixture at very complex, requiring an experienced 

chemical engineer to manufacture for each launch. This information and knowledge isn’t freely 

available, mainly due to the youth of the Ram Accelerator concept.  Furthermore, if the Ram 

Accelerator was to become operational the gas mixture must be made precisely. If the mixture is 

in practise the gas could ignite in front of the projectile causing it to accelerate back down the 

bore; alternatively it could fail to ignite. Regardless, either one of these problems could cause 

terminal damage to the gun. 

The sabot must also be design and manufactured with the upmost precision, since its shape is 

responsible for the ignition of the gas. As the gas passes the sabot, it heated and this temperature 

increase causes it to ignite, whereby the point of ignition is determined by the temperature at each 

point next to the sabot. If the sabot is engineered incorrectly the gas could ignite in front of the 

projectile; having catastrophic effect. It is possible to do CFD analysis on a projectile-sabot 

design to identify the point of ignition at different velocities for different detonator mixtures. 

Ram Accelerators are a relatively new concept, with the first one being made during the 1980’s. It 

is still unknown what the exact capabilities of the Ram Accelerator are, although theory has been 

presented. One of these unknowns is the maximum muzzle velocities, the theory suggesting that 

2Vcj is possible, in practise only 1.5-1.57Vcj have been witnessed.  It is predicted that if projectiles 

were able to get to 2Vcj the bow shock at the nose could cause the propellant to ignite 

prematurely; this is known as the “doomed propellant”. Given this, for a Ram Accelerator to be 

viable extensive testing would be required with scaled models to ensure that the velocity required 

can be reach, and this phenomenon doesn’t transpire.  

25.3 Why the Ram Accelerator was Dismissed 

The ram accelerator was dismissed in this instance due to the lack of information available on the 

topic, youth of technology and unknown theory. It is recommended in this report that future 

developments in the supergun concept for firing satellites into orbit utilise the ram accelerator 

technology; due to its unique ability to maintain a lower and more even acceleration throughout 

the barrel.  
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Large scale Ram Accelerators have been theoretically designed previously, below in Table X 

shows the results of this theory. 

Table 25.1 Previous Ram Accelerator Calculations(Takayama&Sasoh) 

Bore 

 Diameter  

(m) 

Projectile 

Mass  

(kg) 

Average 

Acceleration 

(g) 

Barrel  

Length 

 (m) 

Barrel  

Diameter 

 (m) 

Barrel  

Mass  

(ton) 

Fill  

Pressure 

 (MPa) 

Peak  

Pressure 

(MPa) 

0.3 49 6780 270 0.42 150 14 225 

0.6 390 3400 540 0.85 1200 14 225 

 

Given that the peak pressure in the 0.6m bore is greater than the peak pressure we have in our 

model, with a similar mass, the Ram as of 1992 is not experimentally better the the light gas gun 

designed in the project.  

It was predicted that it would be possible to get a 2000kg projectile to a velocity of 8-10km/s with 

an average acceleration of 1000-1500g. However this theory has since been disproved since more 

recent studies showed the ablation losses would be greater than the 1-2% suggested. Ablation is 

the reduction in mass caused by evaporation of the projectile due to atmospheric heating 

(Thomas, et al.) 

If the project is continued or future project proposed, a ram accelerator is the most reasonable and 

logical solution. However, it requires analysis beyond the scale of this project since new concepts 

need to be established before a full scale ram accelerator is designed for orbital launches.  
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26 Risk Assessment 

To evaluate the risk involved with the project, a quantities risk assessment was conducted. Risks were 

assessed on a 1-5 scale for both their probability of occurring and how severe the repercussions would 

be. A score of 1 indicates that it is highly unlikely to occur, whereas a 5 would indicate it is almost 

certain to occur. The severity of the risk is rated similarly, such that a 1 would mean the occurrence 

poses little to no threat to the project but a 5 would result in failure. The scores are multiplied together 

to show the overall risk posed (Table 27.1). 

Table 27.1 Quantitative risk assessment matrix. 

Severity 

Probability 
 

The level of risk is 

colour-coded as shown: 

1 2 3 4 5  LOW RISK 

1 1 2 3 4 5  MODERATE RISK 

2 2 4 6 8 10  SIGNIFICANT RISK 

3 3 6 9 12 15  HIGH RISK 

4 4 8 12 16 20   

5 5 10 15 20 25   

Table 27.2 identifies all major risks in the project, their potential effects on the project, the level of 

threat the risk poses and the actions taken to mitigate the risks. The overall project can be shown to be 

at a significant risk of failing.  

Table 27.2 Risk assessment form. 

 
Risk Effect 

Risk Level 

(= P x S) 
Mitigation 

1 
Initial failure of 

the rocket engine. 

Poor fuel mixing could result in a 

hard start, potentially leading to 

combustion chamber failure. 

3 × 3 = 9 

Ground testing of 

rocket engine 

ignition systems. 

2 

Large 

inaccuracies in 

the models 

The gun or projectile will not 

behave as predicted making the 

objectives of the project 

unobtainable. 

3 × 5 = 15 

Experimental testing 

is to be conducted to 

verify computer 

models. 

3 
Guns piston 

collision with the 

Piston will be damaged and require 

repair. Additionally it may become 

 

3 × 4 = 12 

Fail safe shock 

absorbers should be 
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breech or gun 

barrel. 

jammed in the orifices requiring 

large sections of the gun to be 

replaced. 

 

 

 

installed to reduce 

the effect. The gun 

should also be design 

for easy replacement 

of these sections. 

4 

Incorrect 

assumptions for 

tolerable G-force.  

Damage of internal structures of the 

projectile (Booster control, 

communications). 

2 × 4 = 8 

Experimental testing 

is to be conducted to 

verify assumptions. 

5 

Complications 

and accidents 

during 

construction.  

Construction workers and people in 

the general vicinity, could sustain 

injuries of varying severity. 

3 × 2 = 6 

 

First aid trained staff 

on construction site. 

All relevant health 

and safety protocol 

will be enforced. 

6 
Throttle control 

system failure. 

Control of fuel mixtures is lost. 

Resulting inefficient engine output 

and preventing the projectile 

reaching orbit.  

2 × 2 = 4 

Test to ensure the 

controller operates 

correctly before 

launch. 

7 

Failure of the fuel 

tank during the 

projectile launch. 

Leads to oxygen and hydrogen 

mixing, under the high temperature 

the chemicals may react resulting in 

the projectile exploding. 

3 × 4 = 12 

Fuels tanks and other 

pressure vessels will 

be subject to testing 

to verify the strength. 

8 

Damage or 

manufacturing 

defects in the 

projectiles 

thermal 

protection. 

Failure of TPS and thus insufficient 

to insulation for the internal 

systems of the projectile and the 

payload. Resulting in damage and 

ultimately its failure. 

 

2 × 3 = 6 

 

 

Inspect thermal 

shield for defects or 

damage before a 

launch. 

9 

The fixed tail 

surfaces are 

poorly 

manufactured or 

The Projectile will become 

statically unstable. This can cause 

the projectile to no longer follow 

2 × 3 = 6 

Test firing dummy 

projectiles to ensure 

sabot release causes 



 

156 

 

damaged during 

the sabot release.  

the intended trajectory and be more 

effected by disturbances. 

no damage to tail 

surfaces. 

10 

Gas pressure is 

lost due to 

leakage caused by 

the failure of the 

section seal or 

yield. 

Energy is lost so projectile may not 

reach target velocity. The leaks will 

also continue to worsen. 

 

2 × 3 = 6 

 

 

 

Frequent matinee 

checks will be 

conducted between 

firings to check for 

leaks. Sections with 

leaks will be 

removed and 

replaced. 

11 

Excessive fuel in 

the breech of the 

gun. 

A large pressure is produced, 

resulting in gun stresses being 

larger than intended. 

3 × 3 = 9 

Fuel levels should be 

inspected before 

firing. However the 

gun components are 

designed to survive a 

certain level of 

pressure increase. 

12 

The Attitude 

control system 

fails. 

The projectile will become 

unresponsive, additionally there 

will be no reaction to disturbances. 

Causing the payload to no reach its 

target orbit. 

1 × 4 = 4 

Test to ensure the 

controller operates 

correctly before 

launch. 

13 
Magnetic break 

Fails to engage.  

The recoil will not be dampened, 

the resulting collision with the 

buffer will lead to damage of 

systems. 

1 × 4 = 4 

A concrete wall is 

constructed behind 

the buffer to act a 

shield. 

14 
Payload ejection 

system failure.  

Payload will not be ejected from 

the projectile resulting in mission 

failure. 

1 × 3 = 3 

 

Test to ensure the 

ejection system 

operates correctly 

before launch. 

Risk Level: Low Moderate  Significant   High 
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27 Project Conclusion  

In conclusion the project was very successful and the simulation results for the supergun fired 

rocket-boosted projectile using both models in the project demonstrated the exciting potential for 

using a supergun as the first stage in a space launch. All of the project aims were met along with 

the technical deliverables in the form of two models for the supergun ballistics and the projectile’s 

flight path. These demonstrated excellent results for launching a Dove satellite payload into a 400 

km orbit altitude that would be the first supergun fired payload to maintain an orbit. Despite the 

promising progress made by the project it was deemed that the findings were insufficient to 

warrant publishing in a science/technology magazine and hence the stretch goal was not met.  

A detailed project plan with a supporting business case and financials was presented. The project 

was split into three main stages; prototype LGG design and testing, operational full scale LGG 

and finally a LGG injected RAM accelerator. Each stages has a series of objectives and aims set 

and these will have to be met to maintain funding for the project. The final stage will see an 

operational LGG injected RAM accelerator that will perform 2 launches a day, 200 times a year at 

£1600 per kg of payload. Project Aether will present a new is space launch method that is cheaper 

than many existing rocket based launch systems and it will compete with “Valcon” and 

“LauncherOne” launch systems. The project will seek a £2.4 billion investment over 5 years and 

it will take 18 years to break even although this appears a large investment the long term benefits 

present a unique opportunity. Project Aether will open new opportunities for investment in the 

space industry and provide a new route to space for smaller satellites. 

A review of different gun types was carried out and a two-stage LGG was researched and a model 

was implemented in Matlab. Its performance was verified against results published in literature 

and in Section 7.2 it was simulated launching a 340 kg projectile to a muzzle velocity of 5.5 km/s. 

However, the various LGG models tested indicated that the launch system has potentially fatal 

flaws in its operation. Section 7.2 illustrated that the realistic range of projectile masses that could 

be launched at the target velocity is limited. This is due to two factors, the G-forces and LGG 

scale. As the LGG increases in size to deal with the larger energy input, construction becomes 

more complicated and suitable locations for the launcher become less apparent.  The amount that 

the G-force can be reduced with the methods described is limited. The most reasonable G-force 

attained was 7000 g which is still excessive and could lead to structural damage of the projectile. 

To negate these complications the energy input for the LGG would have to be reduced. This can 

be done by lowering the target muzzle velocity or designing a lighter projectile. However, if the 

muzzle velocity is lowered a secondary device such as a RAM accelerator would be required to 

accelerate the projectile to reach the target muzzle velocity. Foundations for the supergun were 
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successfully designed to bear the load from the weight of the gun. The loading during firing was 

significantly reduced due to the effectiveness of the recoil design.  

A three DoF flight path model was implemented in Matlab with an accompanying launch variable 

solver to extract the optimal launch parameters to achieve the target orbit. The world record 

altitude flight by HARP in 1966 was simulated to verify the model and it matched the peak 

altitude of 180 km. In Section 11.5 a 340 kg projectile’s trajectory into a 400 km orbit was 

simulated. The projectile was fired at 26.7° from the horizontal and the 4 kg Dove satellite 

payload was released into the target orbit.  The orbit altitude has a deviance of ±30 km but with 

the attitude control system proposed in Section 16 integrated into the simulator this could be 

further improved. A high specific impulse liquid hydrogen liquid oxygen rocket was selected for 

the projectile and telemetry communications were built into the projectile structure. Stabilising 

fins were used to provide longitudinal static stability and a x0.6 nose cone with a fineness 

coefficient of 5 was chosen to minimise drag. A CFD analysis was performed to predict the 

temperature of the flow over the nose and a structure was designed with high specific strength 

materials to withstand the high acceleration at launch while minimising mass. A sabot was 

designed to increase the overall force acting on the base of the projectile with a proportionally 

small gain in projectile mass. This also acts to form a better seal with between the projectile and 

gun barrel, reducing gas leakage. 

The LGG is a well-developed technology but the high acceleration means a projectile requires a 

strong structure with a high mass to withstand the launch. The heavier structure will increase the 

fuel mass required to reach orbital velocity and hence the available payload mass is not sufficient 

to make profit. Therefore in the future, a first stage LGG injector to a RAM accelerator could be 

developed as proposed in the final stage of the project plan. The RAM accelerator theoretically 

has an almost constant acceleration along the barrel meaning the target muzzle velocity can still 

be attained but the peak acceleration would be closer to 1000 G which is significantly reduced 

from the 7000 g peak modelled in the two-stage LGG. A proposed design in section X presents a 

design for a 2000 kg projectile where the barrel length is still manageable at 800 m.  
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Appendices 

A. Cartesian Equations of Motion Derivation 

Begin with Newton’s second law (Zipfel, 2007, p.144) as expressed below. 

𝑚𝐵
𝑑𝑣𝐵

𝐼

𝑑𝑡
= 𝑓 

The right-hand side is expanded to include the aerodynamic and propulsive forces 𝑓𝑎,𝑝 along with 

the weight 𝑚𝑔. On the left-hand side is the rotational derivative relative to the ECI frame of the 

velocity 𝑣𝐵
𝐼  of vehicle with centre of mass B with respect to the ECI frame (Zipfel, 2007, p.260). 

𝑚 [
𝑑𝑣𝐵

𝐼

𝑑𝑡
]

𝐼

= 𝑓𝑎,𝑝 + 𝑚𝑔 

To calculate the state variables in inertial coordinates transformation matrices [𝑇]𝐺𝑉 and [𝑇]𝐼𝐺 are 

used to switch the aerodynamic and propulsive forces and gravitational acceleration to ECI 

coordinates. Initially the forces were calculated in flight-path coordinates ]𝑉 and the gravitational 

acceleration in geodetic coordinates ]𝐺 (Zipfel, 2007, p.261). 

[
𝑑𝑣𝐵

𝐼

𝑑𝑡
]

𝐼

= [𝑇]𝐼𝐺 ( 
1

𝑚
[𝑇]𝐺𝑉[𝑓𝑎,𝑝]

𝑉
+ [𝑔]𝐺  ) 

The inertial position coordinates are calculated from the following differential equation (Zipfel, 

2007, p.261). 

[
𝑑𝑠𝐵𝐼

𝑑𝑡
]

𝐼

= [𝑣𝐵
𝐼 ]𝐼 
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B. Relationship between ECI and ECEF velocities 

Next the relationship between ECI and ECEF velocities is derived. The position of the ECI frame 

I is oriented in the solar ecliptic and one of its points I is collocated with the centre of the Earth. 

The ECEF frame fixed with the geoid, rotates with angular velocity 𝜔𝐸𝐼 = 7.29 × 10−5 rad/s. By 

definition the ECI velocity is 𝑣𝐵
𝐼 = [

𝑑𝑠𝐵𝐼

𝑑𝑡
]

𝐼
, where 𝑠𝐵𝐼 is the location of the vehicles centre of mass 

with respect to point I. To introduce the ECEF velocity the reference frame is changed (Zipfel, 

2007, p.260). 

[
𝑑𝑠𝐵𝐼

𝑑𝑡
]

𝐼

= [
𝑑𝑠𝐵𝐼

𝑑𝑡
]

𝐸

+ 𝛺𝐸𝐼𝑠𝐵𝐼 

If a reference point E is introduced on the Earth (any point), 𝑠𝐵𝐼 = 𝑠𝐵𝐸 + 𝑠𝐸𝐼, into the first right-

hand term (Zipfel, 2007, p.261). 

[
𝑑𝑠𝐵𝐼

𝑑𝑡
]

𝐸

= [
𝑑𝑠𝐵𝐸

𝑑𝑡
]

𝐸

+ [
𝑑𝑠𝐸𝐼

𝑑𝑡
]

𝐸

= [
𝑑𝑠𝐵𝐸

𝑑𝑡
]

𝐸

≡ 𝑣𝐵
𝐸 

Where [
𝑑𝑠𝐵𝐸

𝑑𝑡
]

𝐸
= 0 because 𝑠𝐸𝐼 is constant in the ECEF frame. By substituting this back into the 

equation at the top of the page the relationship between ECI and ECEF velocities is obtained 

(Zipfel, 2007, p.261). 

𝑣𝐵
𝐼 = 𝑣𝐵

𝐸 + 𝛺𝐸𝐼𝑠𝐵𝐼 

Note: 

[𝛺𝐸𝐼]𝐼 = [
0 −𝜔𝐸𝐼 0

𝜔𝐸𝐼 0 0
0 0 0

]    ⟺    [𝜔𝐸𝐼]𝐼 = [
0
0

𝜔𝐸𝐼
] 
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C. QPSK Bit Error Rates 

 

 

 

 

 

 

 

 

 

 

 

 

 

Figure C.1 - Comparison of bit error rates for ASK, FSK, and QPSK modulation methods versus 𝑬𝒃/𝒏𝟎 (Pozar, 2009). 
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D. Telemetry Transmitter and Receiver Systems 
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E. Electronics System Block Diagram 
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F. Recoil variables 

F.I MR Damper 

 

 

 

Discharge coefficient: 

0.98 ≥ 𝐶𝑑 ≥ 0.94 

Symbol Variable 

𝑟1 Cylinder inner radius 

𝑟2 Piston radius 

𝑟 Piston rod radius 

F.II Recoil Simulation 

Projectile velocity used for recoil simulation: 
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